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Preface

My personal motivation to do this survey is clear: I want to learn how to design a
rocket engine. It has been my greatest wish since I was a child, and the perfect
moment to do it has finally come now that I can combine the knowledge acquired
during my last years of study. I look at it as an opportunity to transform theoretical
knowledge into practical knowledge, as a way to gain experience in what I expect
will be my line of work.
This explains why the main purpose of this survey is not commercial but
pedagocial. The most valuable part is not intended to be found in the final artifact
designed for a specific set of requirements, but rather in the whole development
of the methodology. For this reason, I put particular emphasis on explaining the
procedure.
This survey follows my personal view of engineering, which prioritizes simplicity
and robustness. This is especially suitable for rocketry, where reliability is always
the most important. This idea was expressed by Theodore von Karman in 1959:
“Essential elements have to be designed as simply as possible, even if this
means a reduction in quantitative efficiency and a certain increase of bulkiness or
weight”.
In fact the rocket engine designed in this survey, named Vera, has some
similarities to the first liquid-propellant rocket engine ever, built in 1926 by Robert
Goddard. The innovation of this engineering project is found in the application of
the rocket engine, a launcher specially designed for microsatellites.
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Aquest treball està dedicat a dues nenes:

Per a la meva neboda Vera.

Per a aquella nena de deu anys que un dia va decidir que volia construir un coet
com el de Robert Goddard. Els teus somnis d’aleshores són la meva força ara.
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1 Introduction
1.1 Aim
The aim of this project is to develop the preliminary survey of a rocket engine that
shall propel the first stage of a dedicated microsatellite launcher.
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1.2 Scope


The engine will be specifically designed to fulfill the propulsion
requirements of a particular mission, whose main features will be
defined.



A combination of propellants (fuel and oxidizer) will be selected.



A thrust chamber configuration layout will be done



For the thrust chamber, a cooling technique will be selected.



A thermal simulation of the thrust chamber will be performed using
specialized software.



The injector will be designed.



The ignition method will be selected.



Only preliminary sizing of the launch vehicle will be done.



No gas generating devices will be studied.



No turbopumps study will be done.



No tanks design will be done.



No combustion stability study will be done.



No detailed mechanical analysis of the engine will be done.
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1.3 Requirements


The launcher must be capable of inserting 100 kg of cargo into Low Earth
Orbit (LEO).



The rocket engine’s vacuum specific impulse (Is) should be higher than
300 s.



The cooling system must permit a burning time of at least 1 minute.



The combustion chamber’s pressure along with the nozzle expansion
ratio must allow the engine to operate with an atmospheric pressure of 1
atm.

- R3-
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1.4 Justification
Nano and Microsatellites
The nanosatellites (1-10 kg) and microsatellites (10-100 kg) industry has been
boosted in recent years. Thanks to the later developments in technology, a move
comparable to the one experienced by the computer industry is now taking place
in the satellite industry, resulting in the availability of increasingly smaller devices
with greater performances. While 10 years ago a satellite in the 1 tone order of
magnitude was required to achieve a resolution of 1 m, today such levels of
resolution can be given by a microsatellite [1].
This miniaturization of electronics and the improved precision in small mechanical
systems are some of the multiple factors contributing to enhance the
performances of these light satellites.
There is a growing interest in missions performed by nano and microsatellites,
now that they have already proven their ability to perform increasingly challenging
missions in an effective and responsive way. SpaceWorks, whose studies focus
on satellites in the 1 to 50 kg range (for this is the segment presenting the most
striking evolution), estimated in its 2013 Projection that 93 nano/microsatellites
would launch globally during that year; 92 actually did so, an increase of 269%
over 2012. Now, SpaceWorks’ 2014 Projection reflects a substantial increase in
the number of future nano/microsatellites demanding a launch. This latest
projection is in fact 2 to 3 times higher than the previous one for the case of the
later years (2017-2020).

Figure 1. Nano and microsatellite launch history and projection (1-50kg). [2]
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As it is shown in Figure 1, SpaceWorks’ projections, based on announced and
future plans of developers and programs, estimate between 2,000 and 2,750
nano/microsatellites will need a launch from 2014 through 2020.
A shift in the trends of purposes is also observed by SpaceWorks, predicting a
diversification of the applications for nano/microsatellites, with a smaller
proportion of technology development (now 55%) and an increased demand in
the future for Earth observation and remote sensing missions (52%).

A dedicated Microlauncher
However promising this industry seems, nano/microsatellites still lack the basic
tool that could allow them to achieve their full potential: a dedicated microsatellite
launcher. As a result, microsatellites are forced to fly as secondary payloads,
which entails important disadvantages, like the need to adapt the orbit and the
launch date to the primary payload.
The symbiotic combination of the microsatellites and a dedicated microlauncher
would be able to iteratively improve their performances and gradually gain
customers from the established launch and satellite market. Current launch
providers seem to be ignoring this market niche, probably because the structural
costs of these players make them feel that this market is in comparison not
attractive enough. But there are, however, some start-ups willing to take
advantage of this opportunity.
In the past, multiple projects pursuing the development of a microsatellite
launcher had to face the fact that neither the technology for the vehicle nor the
maturity of microsatellites were ready. Now, this readiness is inspiring new
entrants to target the development of such dedicated launch vehicle. Boeing,
Garvey Spacecraft Corporation, Generation Orbit, Swiss Space Systems, XCOR,
Virgin Galactic, Nammo, Firefly and Orbital Sciences Corporation are some
operators currently developing a microlauncher.

The Rocket Engine to Boost the Microlauncher
Unlike among airplanes, where one can find an A320 and a B737 equipped with
the same engine, in the case of space launch vehicles it is standard practice to
design an exclusive engine for each case.
It is in this background that it becomes interesting to develop a rocket engine to
propel such vehicle. Given that the launcher would be divided into stages, each
of them having an independent propulsion system, it should be pointed out that it
is only the propulsion system of the first stage that is going to be studied. This
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first stage starts from certain ambient conditions that are fixed, i.e. from the
ground, which makes the study somehow more extrapolable to other missions.
This explains why the study is limited to the first stage, leaving out of scope any
details about the following stage, like the exact altitude where the payload would
be transferred into orbit. What is indeed stablished is that it is a LEO orbit, just
like all the missions that are currently being developed for this application (Table
6).

Key Features of the Business of Microlaunchers
Nano/Microsatellites are especially appropriate for missions needing low
development costs, shorter development times and short replacement periods
because of rapid technology obsolescence. The use of simple and standardized
designs (“CubeSat” standard) and existing technologies already help reducing
manufacturing costs. Even pre-assembled spacecrafts have been developed by
some satellite manufacturers, significantly reducing development times. All this
helps to minimize the economic loss in case of mission failure, which in turn
reduces investment risk, insurance costs and launch costs as well (for reliability is
less critical).
Although launches are not a mission cost driver among the general satellite
industry, this is not the case of the light satellites segment. While the
development cost of a microsatellite is in the $10s of Millions, the launch cost can
be estimated in the $1 Million order of magnitude, that is, a 10%.
Hence the conclusion is clear: it is very desirable to reduce development and
manufacturing costs and to lower the launch cost as much as possible. This
should be pursued so as to maximize the economic feasibility of the mission.
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2 Propulsion System
2.1 Rocket-Engines Classification
Depending on the mechanism used to accelerate the ejected gas, rocket engines
can be classified into [3]:
-

Thermal: gas pushes directly on walls by pressure forces.
Electric
- Electrostatic: ions are accelerated by an electric field.
- Electromagnetic: gas is accelerated by an electromagnetic field.

These can in turn be classified depending on the energy source:
-

-

Thermal
-

Chemical
Nuclear
Solar

-

Nuclear
Solar

Electric

Note all chemical rockets are thermal.
Performance parameters vary according to the rocket engine type. For example,
chemical rockets have the highest thermal efficiency, 95 %, versus 60-80% of
solar thermal or 30-80% for electric. Chemical rockets also have the best thrustto-weight ratio: very large (20-100) versus medium (5-20) for nuclear or very
low (10-3) for solar.

Figure 2. Range of thrust and Is for different propulsion systems [4].
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Figure 2 shows graphically the ranges of thrust and specific impulse covered by
different propulsion systems. Because of their high specific impulse, electric
engines are used for low-thrust maneuvers in space, typically long interplanetary
missions where a reduced mass-consumption is prioritized. A desired velocity
level is slowly achieved by small acceleration. Electrical propulsion is more costefficient (understanding cost as amount of propellant consumed), but it would not
be able to lift a heavy vehicle standing on a launch pad.
Chemical engines, on the other hand, consume huge quantities of propellant.
Taking as an example Saturn V, the famous vehicle of Apollo program, its first
stage engines’ were known for its voracious appetite. These engines could
consume the propellant equivalent of a backyard swimming pool in 10 seconds
[5]. Chemical rocket engines thus have limited specific impulse, but they give the
greatest thrust levels and are the most commonly used type. They are used in
non-space missions (especially solid), in launches to space and in impulsive
maneuvers.
The engine designed in this survey, henceforth referred to as “Vera”, propels the
first stage of a launch vehicle and therefore must use chemical propulsion.
 Decision taken: Vera uses chemical propulsion

2.2 Chemical Rocket Engines
Chemical rockets may as well be classified according to propellant type:


Chemical
o Solid Propellant
o Liquid Propellant
 Monopropellant
 Bipropellant
o Hybrid

2.2.1 Solid Propellant Rocket Motors
Solid rocket engines, or “solid motors”1 (Figure 3), dating back to the 12th century
in China, were the first rocket type built. Their most important advantages and
disadvantages are listed in Table 1 and Table 2, respectively.

1

The term “engine” is commonly used for a liquid propellant rocket propulsion system, whereas
the term “motor” is used for solid propellant rocket propulsion. This has historical reasons, since
the two systems were developed originally by different groups.
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Figure 3. Solid propellant rocket motor diagram [6].

1.
2.
3.
4.
5.
6.
7.
8.
9.
10.
11.
12.

Solid Propellant Rocket Motor Advantages
Simple design (few or no moving parts)
Easy to operate (little preflight checkout)
Ready to operate quickly
Will not leak, spill or slosh
Sometimes less overall weight for low total impulse application
Can be throttled or topped and restarted (usually only once) if preprogrammed
and predesigned
Can provide TVC, but at increased complexity
Can be stored for 10 to 30 years
Usually, higher overall density; allows more compact package, smaller vehicle
(less drag)
Can be designed for recovery, refurbishing and reuse (Space Shuttle solid rocket
motor)
Some propellants have nontoxic, clean exhaust gases, but often at a
performance penalty
Ablation and gasification of insulator, nozzle, and liner materials contribute to
mass flow and thus to total impulse
Table 1 Solid motors pros.[6]
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Solid Propellant Rocket Motor Disadvantages
1. Explosion and fire potential is larger; failure may be catastrophic; most
cannot accept bullet impact or being dropped onto a hard surface
2. Many require environmental permit and safety features for transport on
public conveyances
3. Under certain conditions some propellants and grains can detonate
4. Cumulative grain damage can occur through daily temperature cycling or
rough handling (transport); this limits useful life
5. If designed for reuse, it requires extensive factory rework and new
propellants
6. Requires an ignition system
7. Each restart requires a separate ignition system and additional insulation
8. Random throttling is difficult and is not currently proven
9. Exhaust gases are usually toxic for composite propellants containing
ammonium perchlorate
10. Integrity of grain is difficult to determine in the field
11. Large boosters take a few seconds to start
12. Needs a safety provision to prevent inadvertent ignition, which would lead
to an unplanned motor firing. Can cause a disaster
Table 2 solid motors cons. [6]

2.2.2 Liquid Propellant Rocket Engines (LPRE)
Liquid propellant rocket engines (LPRE) use liquid propellants that are fed under
pressure from tanks into a thrust chamber.2 Propellants might be pressurized by
high-pressure gas supplied from a separate tank (Figure 4) or, in applications
with larger amounts of propellants and higher thrusts, by turbopumps (Figure 5).
The most important advantages and disadvantages are listed in Table 3 and
Table 4, respectively. For its specific application, Vera must undoubtedly use
liquid propellants. Whether it should be monopropellant or bipropellant will be
discussed in section 4.

2

The term “thrust chamber”, which includes the injector, combustion chamber and
nozzle, is preferred by many official agencies. For small spacecraft control rockets, the
term “thruster” (small thrust chamber) is commonly used instead.[6]
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Figure 4. Schematic flow diagram of a LPRE with a gas pressure feed system.[6]

Figure 5. Schematic diagram of a LPRE with a turbopump feed system and a separate gas generator, which
generates warm gas for driving the turbine. [6]
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Liquid Propellant Rocket Engine Advantages
1. Have the highest specific impulse, which increases the vehicle velocity
increment and the attainable mission velocity
2. Can be randomly throttled and randomly stopped and restarted; can be
efficiently pulsed (some small thrust sixes over 250,000 times). Thrusttime profile can be randomly controlled; this allows a reproducible flight
trajectory.
3. Cutoff impulse can be controllable with thrust termination device (better
control of vehicle terminal velocity).
4. Can be largely checked out just prior to operation. Can be tested at full
thrust on ground or launch pad before flight.
5. Can be designed for reuse after field services and checkout.
6. Thrust chamber can be cooled by propellant and made lightweight.
7. Storable liquid propellants have been kept in vehicle for more than 20
years and engine can be ready to operate quickly
8. With pumped propulsion feed systems and large total impulse, the inert
propulsion system mass (including tanks) can be very low (thin tan walls
and low tank pressure), allowing a high propellant mass fraction.
9. Most propellants have nontoxic exhaust, which is environmentally
acceptable.
10. Some propellant feed system can supply several thrust chambers in
different parts of the vehicle.
11. Can provide component redundancy to enhance reliability (e.g., dual
check valves).
12. With multiple engines, can operate with one or more shut off (engine out
capability)
Table 3 Liquid engines pros. [6]
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Liquid Propellant Rocket Engine Disadvantages
1. Relatively complex design, more parts or components, more things to go
wrong.
2. Cryogenic propellants cannot be stored for long periods except when
tanks are wel insulated and escaping vapors are recondensed. Propellant
loading occurs ate the launch stand or the test facility and requires
cryogenic propellant storage facilities.
3. Spills or leaks of several propellants can be hazardous, corrosive, toxic,
and cause fires.
4. More overall weight for most short-duration, low-total-impulse applications
(low propellant mass fraction).
5. Nonhypergolic propellants require an ignition system.
6. Tanks need to be pressurized by a separate pressurization subsystem.
This can require high-pressure inert gas storage (2,000 to 10,000 psi) for
long periods of time.
7. More difficult to control combustion instability.
8. Bullet impact will cause leaks, sometimes a fire, but usually no
detonations.
9. A few propellants (e.g. red fuming nitric acid) give toxic vapors or fumes.
10. Usually requires more volume due to lower average propellant density
and the relatively inefficient packaging of engine components.
11. Needs special design provisions for start in zero gravity.
12. With cryogenic liquid propellants there is a start delay caused by the time
needed to cool the system flow passage hardware to cryogenic
temperatures.
Table 4 Liquid engines cons. [6]

2.2.3 Hybrid Rocket Engines
Hybrid propellant rocket propulsion systems, the least-common ones, use both a
liquid and a solid propellant. Typically, liquid oxidizers are preferred (Figure 6).
Figure 7 points out some advantages of hybrid engines in contrast to solid motors
and liquid engines. Much less development work has been done with this type of
chemical rocket engines, but experience suggest some disadvantages as well,
such as combustion instabilities, appearance of vibrations or design difficulties
related to lack of scalability [7].
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Figure 6 Simplified schematic diagram of a typical hybrid rocket engine [6].

Figure 7 Hybrid rocket engines features compared to solid motors and liquid engines[8].

 Decision taken: Vera is a liquid propellant rocket engine.

2.3 Liquid Propellant Rocket Engines (LPRE)
2.3.1 LPRE Performance
Since Vera uses liquid propellant, this section deepens a little more into this type
of rockets and tries to explain the reasons why it is used. Features and
performance characteristics of LPREs [9] are listed below:
-

Liquid bipropellants generally have a higher specific impulse than other
means of chemical propulsion (solid, hybrid or liquid monopropellants).
Cryogenic propellants give the highest specific impulse.
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-

LPRE can be designed over a very wide range of thrust values (by a
factor of 108) to fit specific applications.
They are the only form of chemical propulsion allowing:
-

Quick restart
Fast pulsing

-

Ready reuse

-

They can give random thrust variation upon command.
They are the optimum solution for controlling quick attitude changes
(pitch, yaw or roll) and minor velocity changes of individual stages of SLV,
spacecrafts, satellites and space stations.

-

Precise repeatable thrust termination allows accurate terminal flight
velocity, which is crucial in precise orbit attainment.

-

Storable propellant offer instant readiness.

-

Notably high reliability may be achieved.
Many LPRE may be checked out and fully tested prior to being used.

-

Engine clusters of several engines (4 to 30) can have engine-out
capability (they can successfully perform the mission despite losing one
engine).
Lightweight LPRE hardware yields to a high propellant fraction and a high
vehicle mass ratio, key parameters for high vehicle flight performance.
Exhaust gases of most common liquid propellants are not toxic and
environmentally friendly.

-

2.3.2 LPRE Applications
Liquid propellant rocket engines were originally developed because their
performance and engine features helped flight vehicles perform better than other
chemical propulsion systems. LPREs allowed heavier payload, more range or
higher-altitude orbit, apart from the more-detailed characteristics already listed. In
other words, the engine could be specifically designed to fit the flight application.
Many of those flight applications for which LPRE were early used have fallen into
disuse. The original application for which the development of the first LPREs
started was sounding rockets. It is the case of the early flying engines of
Goddard (USA), Tsander (Russia), Veronique (France) or Jet Propulsion
Laboratory (JPL, USA), and the rockets built by amateur societies in different
countries. Sounding rockets were simple vehicles doing meteorological
investigations and were used between 1926 (Goddard’s first LPRE) and 1975.
Other early applications of LPRE were:
-

Jet-Assisted Takeoff Systems
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-

Aircraft-Assist Rocket Engines or Superperformance Aircraft Rocket
Engines
Rocket-Propelled Aircraft

-

Guided Tactical Missiles with Prepackages LPREs

-

Ballistic Surface-to-Surface Missiles

Nowadays LPRE are used in many applications, all of them related to space flight
[9]:
- Space Launch Vehicles (SLV). Single or multiple LPREs with relatively
high thrust, around 7 to 450 tons (70 to 4500 kN) for each engine.
High specific impulse and high reliability are very important in this
application, but accurate cut-off, clean exhaust, modest throttling,
environmental compatibility or engine-out capability are significant too.
This one is Vera’s application.
-

Spacecraft or Satellite Propulsion for Major Space Maneuvers. Orbit
injection, retroaction while approaching a planet (or the Moon), correcting
the thrust misalignment of the main engines, and some orbit transfers of
satellites.
This is accomplished by LPREs with medium thrust levels (0.4 to 15 kN),
high specific impulse and for some missions the top stage engine needs
to be restarted in flight. The higher thrust levels (up to 45 kN) are for
planetary or lunar landings and they also will need deep throttling or
variable thrust. As an example, the Apollo moon landing LPRE had
approximately 45 kN and a 10-to-1 throtability capability (ability to vary
thrust level).
In case the spacecraft has to fly for more than a day, then storable
propellants must be used.

-

Reaction Control and Minor Maneuvers. Flight trajectory adjustments of
satellites, spacecraft, space stations and upper stages of SLVs.
These are typically performed by low thrust propulsion systems. Each
LPRE for this reaction control system (RCS) has a series of small thrust
chambers or “thrusters” (0.5 to 5000 N thrust) using pressurized gas
feed systems.

-

Certain Types of Long-Range Missiles
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3 State of the Art
Prior to developing the Preliminary Survey itself (section 6), a Mission Analysis
(Section 5) must be done where some basic parameters must be established.
That is, if we want to design a rocket engine, the first step is to know the design
thrust level and chamber pressure, for example.
At this point, only two things been established: the fact that Vera belongs to a first
stage and an approximate idea of the payload mass. The procedure to rationally
determine Vera engine’s basic parameters starts by collecting detailed
information on a variety of Space Launch Vehicles, henceforth referred to as
SLV.
All data are obtained from [10]. Various SLVs are selected for its relevance and
information on each stage and its propulsion system is thoroughly searched and
gathered together for each vehicle. Results are shown in Table 5.
Four more relevant SLV were originally considered but were finally ruled out
during research because of the following reasons:
-

Minotaur: only solid propellant is used.

-

Pegasus: only solid propellant is used.
Space Shuttle: its design is too particular to be representative.
Vega: only solid propellant is used.

Comments on Table 5:
- Regarding status, “O” stands for operational and “R” stands for retired.
- Gross mass includes “inert” or “dry” mass and propellant mass.
- ? = unknown.
- * Rockot: the first and second stages of Rockot are decommissioned RS-18
ICBM stages, and therefore relatively little information is available about them.
- ** Soyuz: In the Russian nomenclature, the four conical strap-on boosters
together with the core stage are designated as the first stage. Once the boosters
are jettisoned, the remaining core stage is designated as the second stage
(although it had already been ignited at liftoff). As a third stage will come
afterwards, the Soyuz is known to be 3-staged in the Russian nomenclature. This
is counterintuitive to Western analysts who have often labeled the core stage the
first stage. The Western nomenclature is used here, where the Soyuz Launch
Vehicle is divided into: strap-on boosters, first stage and second stage, allowing
for a better design study of each individual stage.
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- ** Comment: these data come from a variety of sources, which often disagree
slightly and express values in different ways. Propellant and hardware loads may
vary, making it difficult to assemble a consistent data set.
Table 5 will henceforth constitute an important source of information for this
survey. Additionally, the state of the art of microlaunchers is studied too.
Assembled information is shown in Table 6.

- R18-

Flàvia Gómez Ferreras

Strap-on booster
Stage 1

Atlas
V 500
O
USA
20520
540300
?

Delta II
7925-10
R
USA
?
233300
2844

Dnepr

Falcon I

Status
Country
Payload to LEO (kg)
Gross Liftoff Mass (kg)
Thrust at Liftoff (kN)

Ariane
5ECA
O
Europe
21000
780000
13000

Rockot*

R
USA
670
24000
300

Proton
M
O
Russia
21600
702000
9500

O
Russia
1950
107500
1870

Soyuz
FG**
O
Russia
7000
310000
4144

Titan IVB
Centaur
R
USA
21680
925000
15000

O
Russia
3700
208900
4525

Gross Mass/booster (kg)

280500

46500

13080

-

-

-

-

44400

350000

# Boosters

2

0-5

9

-

-

-

-

4

2

Propellant
Vac. Thrust/booster (kN)

HTPB
7080

HTPB
1361

HTPB
499.2

-

-

-

-

LOX/T-1
1021.1

88% HTPB
7500

Isp vac. (s)

275.4

275

274

-

-

-

-

319

285.6

Gross Mass (kg)

188300

304800

101800

161500

22388

450000

?

99500

163000

# Engines

1

1

1

1

1

6

4

1 main

2

Propellant
Total vac. Thrust (kN)

LOX/
LH2
1350

LOX/RP-1
(kerosene)
4152

LOX/RP-1
(kerosene)
1085.8

N2O4/
UDMH
4525

LOX/RP-1
(kerosene)
352

N2O4/
UDMH
10500

N2O4/
UDMH
2070

LOX/
kerosene T-1
989.8

N2O4/
Aerozine50
2452

Isp (vacuum) (s)

434

337.8

301.7

?

306

316

310

319

302
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Stage 2
Stage 3
Stage 4

Atlas
V 500
22744

Delta II
7925-10
6954

Dnepr

Falcon I

Gross Mass (kg)

Ariane
5ECA
3908

Rockot*

3745

Proton
M
167500

41114

# Engines

1

1

1

1

1

4

1

Propellant

LOX/LH2

LOX/LH2

N2O4/
Aerozine50

N2O4/UDMH

LOX/RP-1

N2O4/UDMH

N2O4/UDMH

99.2

43,657

760

33

2330

240

298

N2O4/
Aerozine5
0
472.2

Total vac. Thrust (kN)

180

Isp (vacuum) (s)

465

450.5

319.2

?

324

326.5

320

325

316

Gross Mass (kg)

-

-

2217

4266

-

50600

6475

-

23880

# Engines

-

-

1

1

-

1

1

-

2

Propellant

-

-

HTPB

N2O4/UDMH

-

N2O4/UDMH

N2O4/UDMH

-

LOX/LH2

Total vac. Thrust (kN)

-

-

66.4

18.6

-

583

19.62

-

146

Isp (vacuum) (s)

-

-

292.2

?

-

326.5

325.5

-

444

Gross Mass (kg)

-

-

-

-

-

22170

-

-

-

# Engines

-

-

-

-

-

1

-

-

-

Propellant

-

-

-

-

-

N2O4/UDMH

-

-

-

Total vac. Thrust (kN)

-

-

-

-

-

19.62

-

-

-

Isp (vacuum) (s)

-

-

-

-

-

325.5

-

-

-

?

Soyuz
FG**
25200

Titan IVB
Centaur
39500

1 with 4
thrust
chambers
LOX/
kerosene

1

Table 5. Launchers database [10] O = operational, R = retired.

- R20-

Flàvia Gómez Ferreras

Operator
Garvey Spacecraft
Corporation

Generation Orbit

Name
a "Prospector 18
evolved"

GOLauncher 1

Payload
10 kg

Orbit
250 km

Vehicle
-

Engines
-

Comments
Under development

Cost
-

20 kg

450 km
circular
Suborbital

-

-

Under development

-

Air launched single
stage rocket
Air launched two
stage rocket
Launched by a
suborbital
spaceplane
Horizontal takeoff
and landing vehicle.
Reusable launch
vehicle (RLV),
piloted
Two-stage, liquidfueled rocket airlaunched from a
White Knight Two
aircraft

Liquid

Under development
Propellants: LOX/RP-1
Under development
Propellants: LOX/RP-1
Under development

-

Under development
Lynx propulsion is four XR-5K18 rocket
engines, each producing 12.9 kN (2900
lbf) vacuum thrust with kerosene and
liquid oxygen propellants
Under development
Two-stage air-launched vehicle using
RP-1/LOX liquid rocket engines
The 2nd stage will be powered by
NewtonOne, a 16kN-thrust engine.
The 1st stage will be powered by a
scaled-up design of the same basic
technology as NewtonOne, called
NewtonTwo, with 211kN.

-

GOLauncher 2

13.6 to
90.72 kg
45 kg

Swiss Space Systems

SOAR

250 kg

XCOR

Lynx "Mk II" version

1 pilot +
120 kg

Suborbital
flight to
100 km

Virgin Galactic

LauncherOne

225 kg
/ 100 kg

LEO / SSO

LEO: up to
400 NM
LEO 700 km
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-

Below
$10
million

Boeing

DARPA
(US defense agency)
Nammo

Firefly

Orbital Sciences
Corporation
Orbital Sciences
Corporation

Air-launched threestage-to-orbit: SLV
would employ two
reusable airbreathing stages
and a third stage
made up of an
expendable or
reusable rocket
Launched from an
aircraft

Boeing Small Launch
Vehicle

45 kg

LEO

-

Under development

-

DARPA ALASA
(Airborne Launch Assist
Space Access)
North Star family;
NSLV: North Star
Launch Vehicle
Firefly Alpha

45 kg

LEO

-

Under development

Ground launched

Hybrid

Under development

Below
$1
million
-

10 kg

350 km
polar LEO

400 kg

LEO

Ground launched

Liquid

-

580 kg

LEO

Ground launched

Solid

Under development
LOx / methane, Pressure-fed
(autogenous), 400.3 kN (Stage 1), 44.5
kN (Stage 2). Carbon composite
structure
Operational

Minotaur
Pegasus

450 kg

LEO

Carried aloft by an
aircraft

Solid

Operational

-

Table 6. Microlaunchers' state of the art.[11]–[21]
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-

4 Propellants
4.1 Types of Propellants
The selection of the propellants has a great influence on the engine performance
and the design criteria for each component. The term “liquid propellant” includes
both liquid oxidizers (liquid oxygen, nitric acid, liquid fluorine, etc.) and liquid fuels
(liquid hydrogen, RP-1, alcohol, etc.). Liquid propellant-rocket engines can use
either monopropellants or bipropellants combinations. Some relevant definitions
are included below.

Monopropellants
A monopropellant contains combustible matter and an oxidizing agent in a single
substance. It can be a mixture of different compounds or a homogeneous
material, for example hydrogen peroxide or hydrazine. At ordinary atmospheric
conditions, monopropellants remain stable, but they decompose and yield hot
combustion gases if heated or catalyzed.
The advantage of monopropellants is that they allow simplicity of tankage, feed
plumbing, flow control and injection. However, monopropellants, at least the
stable and safe ones, have a relatively low performance. They are therefore only
used as secondary power sources such as for turbopump gas generators.

Bipropellants
A liquid-bipropellant system uses two different propellants, an oxidizer and a fuel.
Oxidizer and fuel are held in separate tanks and are not mixed until they are
injected into the combustion chamber. Current liquid-propellant rocket engines
use bipropellants almost exclusively for their higher performance and safer
operation.

Hypergolic vs. nonhypergolic
Bipropellants can be classified according to their ignition mechanism. A
hypergolic bipropellant combination ignites spontaneously upon contact between
the oxidizer and the fuel. A nonhypergolic bipropellant combination, on the other
hand, requires energy to start its combustion and hence its engine must be
equipped with an ignition system. Hypergolic combinations’ ease of ignition of
course allows simplified systems, but also implies some hazards.

Cryogenic vs. Storable
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A cryogenic propellant is liquefied gas at low temperature (it has very low boiling
point, between -145 and -250ºC), like liquid oxygen or “LOX” (-183ºC) and liquid
hydrogen or “LH2” (-253ºC). Because of the very low temperatures involved,
cryogenic propellants pose storage and handling problems.
Cryogenic propellants are not the only propellants that cannot be stored for a
long time. For example, hydrogen peroxide (H2O2) is not only a powerful and
dense liquid oxidizer but also a clean-burning monopropellant (produces a
nontoxic exhaust), but it has not been used for a long time, partly because it has
a problem of material compatibility. Certain materials catalyze a selfdecomposition of stored hydrogen peroxide into water and oxygen, making longterm storage difficult and causing a closed container to explode [6]. Besides, it is
also unstable and tends to detonate under certain conditions of temperature and
shock.
In some applications where the rocket needs to be ready a long time in advance
(upper stages of space vehicles or military vehicles), storability becomes a must.
In these cases, other liquid propellants called “storable” must be used. Storable
propellants are stable over a reasonable range of temperature and pressure, and
are sufficiently nonreactive with construction materials to allow storage in sealed
tanks for periods of a year or more. They offer almost instant readiness of the
engine and great reliability.

4.2 Propellants Selection
As usual in rocket-engine design, and probably engineering in general, propellant
selection includes some compromises. Reference [22] lists the most important
and desirable propellant features (order of importance depends on application):
1. High energy release per unit of propellant mass combined with low
molecular weight of the combustion gases, for high specific impulse.
2. Ease of ignition.
3. Combustion stability.
4. High density to reduce the size and weight of propellant tanks and feed
systems.
5. Ability to work as an effective coolant for the thrust chamber (high specific
heat, thermal conductivity and critical temperature).
6. Low freezing point (under -50ºC) to allow engine operation at low
temperature.
7. Compatibility with engine construction materials without corrosive effects.
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8. Good storability in the case of storable propellants, assisted by a high
boiling point (above 70ºC).
9. Low viscosity to minimize pressure drops.
10. High thermal and shock stability to minimize explosion and fire hazard.
11. Low toxicity of raw propellants, their fumes and their combustion products.
12. Cost.
13. Availability.

This large list of features involved in propellant’s role in the engine explains why,
despite many propellants have undergone laboratory testing, no truly new
propellant has been used in a rocket engine for an operational flight for the last
30 years [6]. In fact, in the present days only three liquid bipropellant
combinations are commonly used, and these are the options considered in this
survey:
1. Completely cryogenic option: LOX/LH2
Best-suited for upper stages of SLV, it gives the highest specific impulse for a
nontoxic propellant combination.
Table 5 shows LOX/LH2 is used in Ariane 5ECA (first and second stages), in
Atlas V 500 (second stage) and in Titan IVB Centaur (third stage). It was also
used in the Space Shuttle, in Delta IV [23] and in the second and third stages of
Saturn V [24].
2. LOX (cryogenic) and hydrocarbon (storable) option: LOX/RP-1
Typically used for booster stages of SLV. When compared to the cryogenic
option, its higher average density permits a more compact booster stage.
Table 5 shows that LOX/RP-1 has been used in Atlas V500 (first stage), in Delta II
7925-10 (first stage), in Falcon I (both first and second stages) and in Soyuz FG
(all stages including strap-on boosters). It was also used in Saturn V (first stage)
[24].
3. Completely storable options
Found in nearly all bipropellant low-thrust, auxiliary or reaction control rocket
engines, they offer the mentioned advantages of storable propellants. Nitrogen
tetroxide (N2O4) is usually the oxidizer whereas various hydrazine-derivatives can
serve

as

fuel,

namely,

UDMH

(unsymmetrical

dimethylhydrazine),

MMH

(monomethylhydrazine) or Aerozine-50 (a 50/50 mix by weight of hydrazine and
UDMH). All of them are both hypergolic and storable combinations.
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Nitrogen tetroxide/UDMH is currently being used in all stages of all Russian SLV
in Table 5 except for Soyuz, that is, in Dnepr, Proton M and Rockot. It is also used
in most Chinese boosters [25].
Nitrogen tetroxide/Aerozine-50 also appears in Table 5, as propellants of Delta II
(second stage) and Titan IVB Centaur (first and second stages).
Feature number 4 in the list of desirable qualities, high density or “high specific
gravity” is a determining factor in this case. A denser propellant provides a larger
mass of propellants in a given tank volume. In other words, it allows a smaller
tank volume and hence a lower structural vehicle mass and lower aerodynamic
drag. This effect on drag obviously becomes particularly important when flying
within the Earth’s atmosphere, that is, for a first-stage engine like Vera.
Figure 8 shows (bottom left) liquid hydrogen’s main defect: it has by far the
lowest specific gravity. This explains why Saturn V, the space launch vehicle that
took humans to the Moon, used LOX/LH2 in its second and third stages, but not
in its first one. For this reason, the cryogenic option is ruled out.

Figure 8. Specific gravities of several liquid propellants as a function of temperature, [6].

The most important problem related to the third option, hypergolic storable
propellants, is health hazard. Hydrazine is a toxic, colorless liquid with a high
freezing point (1ºC). Its vapors can form explosive mixtures with air; for example,
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if it is spilled on a porous surface, like a cloth, a spontaneous ignition with air may
occur. Harmful effects to personnel can result in case of hydrazine ingestion,
inhalation of vapors or prolonged contact with skin.
All hydrazines are toxic materials. Hydrazine, MMH, UDMH or hydrazine hydrate
are known animal carcinogens (substances that cause cancer) and suspected
human carcinogens. American Conference of Government Industrial Hygienists
(ACGIH) has set recommended limits for 8-hr personnel exposure to 0.01 ppm
(volumetric parts per million), and atmospheric concentrations of all hydrazines
should be kept below 0.1 ppm for long periods of personnel exposure [6].
Although hydrazine-derivatives are indeed being used in some first stages, that
is, their use at ground altitude is not internationally forbidden, this may be
considered a controversial use to say the least. The fact that they are currently
being used mainly in Russian and Chinese first stages but not in American or
European ones (here they are mainly used in orbital and deep space rockets)
may suggest its use is subject to national laws and guidelines.
To protect the personnel health as well as the local fauna well-being and the
whole environment, the third option (hypergolic storable propellants) is ruled out.
The propellants selected are liquid oxygen (c and RP-1, a specifically refined
petroleum product particularly suitable as a rocket propellant called Rocket
Propellant number 1, basically a kerosene type. RP-1 has a satisfactory specific
gravity (Figure 8) that allows smaller tanks, which in turn reduces tanks-material
weight and aerodynamic drag (directly related to tanks surface).
Figure 9 shows LOX/RP-1 combination has a theoretical maximum specific
impulse of 300.1 s for a given exit pressure of 14.7 psia = 1 atm. For lower exit
pressures (i.e. vacuum), higher performances can be achieved.

Figure 9. Theoretical performance of rocket propellant combinations (prepared by Rocketdyne Chemical and
Material Technology), [22].
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Figure 10. General data on some storable liquid rocket propellants, adapted from [22].

Figure 10 includes some RP-1 properties. For example, its only handling hazard
is flammability (but it is not toxic) and it has good storability. It is compatible with
construction materials such as aluminum, steel, nickel alloy, copper and
Neoprene. Liquid oxygen’s properties appear in Figure 11. It has good storability,
poses no handle hazards and is compatible with materials such as aluminum,
stainless steel (note pure steel would become oxidized by liquid oxygen), nickel
alloy and copper.

Figure 11. General data on some cryogenic liquid rocket propellants, adapted from [22].

 Decision taken: Vera uses bipropellant.
 Oxidizer: LOX (liquid oxygen), cryogenic.
 Fuel: RP-1 (kerosene), storable.
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5 Mission analysis
5.1 Payload and orbit selection
The rocket engine is specifically designed to propel the first stage of a Space
Launch Vehicle which would, in turn, perform a particular mission. That mission is
outlined in terms of the payload that is launched and the orbit it is delivered into.
The following table is taken into account when choosing the payload:

Satellite Class
Femtosatellite
Picosatellite
Nanosatellite
Microsatellite
Small Satellite

Mass Range
10 – 100 g
< 1 kg
1 – 10 kg
10 – 100 kg
100 – 500 kg

Table 7 Satellites classification. [2]

As Table 7 shows, Microsatellites are by definition satellites weighing between 10
and 100 kg (it should be added, though, it is not a strict definition). According to
this, the payload chosen is the upper limit of this range, i.e. 100 kg. The reason
for this decision is that this embraces all kinds of Microsatellites, thus the payload
may be made up of a heavy Microsatellite or of a number of lighter ones.
Regarding the orbit, as in all the missions that are currently being developed to
launch dedicated microsatellite launchers, in this case the payload is delivered to
LEO. Since Vera is intended only for the first stage of the vehicle, there is no
need to further restrict the orbit definition. This wide definition is enough to do the
preliminary sizing of the vehicle and the following rough estimation of the level of
thrust required.

5.2 Vehicle Sizing
The launch vehicle consists of two stages. The aim of this section is to estimate
the total gross mass (including propellants) of the vehicle at liftoff, taking the
mass of the payload as a starting point.
Figures from Table 5 have been used to compute the percentage of launcher’s
mass that is dedicated to the payload in different launch systems. The results are
shown in Table 8.
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Falcon

Rockot

Dnepr

I

Soyuz

Atlas

Ariane

Proton

Titan

FG

V 500

5ECA

M

IVB Centaur

# stages

2

3

3

3

3

3

4

4

Payload to
LEO (kg)
PL vs
Launcher’s
Mass

670

1950

3700

7000

20520

21000

21600

21680

2.792%

1.814%

1.771%

2.258%

3.798%

2.692%

3.077%

2.344%

Table 8. Percentage of launcher’s mass dedicated to the payload, computed using data from Table 5.

Values between 1.8% and 3.8% are found for the ratio, but no clear relationship
can be seen between the ratio and the payload or between the ratio and the
number of stages. In order to find such relationship, these data are showed on
the following graph.

PL vs Gross Liftoff Mass
PL vs Gross Liftoff Mass

4.0%
3.5%
3.0%
2.5%
2.0%
1.5%
500

5500

10500

15500

20500

Payload to LEO (kg)
Figure 12. Percentage of mass dedicated to the payload, for different payloads.

Figure 12 shows clearly that the percentage of the gross vehicle mass dedicated
to the payload does not depend on its size. Note that the last 4 points on the
graph indicate that launch systems with very similar payloads use quite different
percentages.
In view of this, the average of these values, which is 2.57%

2.5%, is used to do

the preliminary sizing of the vehicle. According to this, for a payload of 100 kg,
the launcher’s gross mass at liftoff is:
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 Decision taken: Launcher mass = 4,000 kg

5.3 Engine Design Parameters
5.3.1 Thrust Level at Liftoff
The thrust level required at liftoff needs to be determined prior to starting the
preliminary analysis of the engine. In order to estimate it, the thrust-to-weight
ratio is computed for each launcher in Table 5. The results are shown in Table 9
and Figure 13:

Falcon

Rockot

Dnepr

I

Delta

Soyuz

Proton

Ariane

Titan

II 7925-10

FG

M

5ECA

IVB Centaur

Country

USA

Russia

Russia

USA

Russia

Russia

Europe

USA

Weight (kN)

235.440

1054.575

2049.309

2288.673

3041.100

6886.620

7651.800

9074.250

Thrust (kN)

300

1870

4525

2844

4144

9500

13000

15000

T-to-W

1.274

1.773

2.208

1.243

1.363

1.379

1.699

1.653

Table 9.Values for the thrust-to-weigh ratio for different launchers

Thrust-to-weight ratio at liftoff

T-to-W ratio vs Gross Mass at Liftoff
2.5
2.0
1.5
1.0
20

220

420

620

820
Millares

Gross liftoff mass (kg)
Figure 13. Thrust-to-weight ratio vs gross liftoff mass.
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Just like happened in section 5.2, when figures are showed on a graph, the
results prove that the thrust-to-weight ratio at liftoff is not directly related to the
size of the vehicle.
Consequently, a value of 1.3 is taken for the thrust-to-weight ratio. It is consistent
with the range observed and it is especially close to the value for Falcon I, the
most similar launcher in the group.
Thus, the thrust level at sea level is:

 Decision taken: Vera’s thrust at liftoff (sea level) = 51,012 N

5.3.2 Chamber Pressure
Together with the thrust level, another parameter that must be determined is the
chamber pressure. Since it is out of scope to develop a detailed mission analysis
that optimizes chamber pressure and turbopumps’ weight, the chamber pressure
is estimated by extrapolating data from existing launchers.
Knowing that this parameter is not related to the size of the launcher (this is
inferred from Table 5 data), figures for the chamber pressure of the first stage of
various launchers have been collected from [10]. They are shown in Table 10.

Launcher
Falcon I
Ariane 5
Proton M
Rockot
Atlas V

Chamber Pressure
67.7 bar (982 psi)
115 bar (1670 psi)
147 bar (2130 psi)
205 bar (1975 psi)
257 bar (3734 psi)

Table 10 Chamber pressure for the first stage.

The five launchers listed present quite different values of pressure. So as to
choose the most suitable one for this survey, two of the launchers are
preselected: Falcon I and Atlas, whose first stages use LOX/RP-1, as in the case
of Vera.
Still these two launchers present too distant values and hence more reasons are
needed to choose one of them. The fact is that a higher chamber pressure (for a
given atmospheric pressure) will yield to a better performance of the engine; on
the other hand, though, heavier turbopumps will be required. This explains why
Atlas V, with 2 stages plus a solid strap-on booster that provides extra thrust at
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liftoff and with a gross liftoff mass of 540’3 t, uses a much higher chamber
pressure than Falcon I, which has 2 stages with no strap-on booster and only
weighs 24 t at liftoff.
Since the gross liftoff mass and the configuration of the propulsion system are
more similar to those of the case of study, Falcon I is chosen as a reference. Its
chamber pressure is rounded off to finally use 70 bar.
 Decision taken: Vera’s chamber pressure = 70 bar = 7 MPa

5.3.3 Duration
The nominal burn times of the first stage of the launchers studied in the previous
section are shown in Table 11 (information collected from [10]).

Launcher
Proton
Rockot
Falcon I
Atlas
Ariane

Nominal Burn Time
120 s
121 s
164 a
235-250 s
540 s

Table 11 Nominal burn time for the first stage.

This shows that the first stage typically burns for a few minutes, which means
that, contrary to the case of a Reaction Control System (RCS), here the engine
works in steady state and therefore there must be a refrigeration system
permitting it.

5.3.4 Mixture Ratio
As specific impulse is the parameter being optimized, the mixture ratio (r)
selected will be the optimum to achieve maximum specific impulse.
 Decision taken: Vera’s r = ropt
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6 Preliminary Survey
6.1 Thrust-Chamber Configuration Layout
According to [22], the combustion chamber and the nozzle section are usually
designed as an integral thrust chamber body, which will have the general shape
of a pressure vessel with wall surfaces of rotation and smooth contours for a
simple manufacture and a light weight.

Thrust-chamber major operating parameters
Major thrust-chamber operating parameters determined so far:


Propellants: LOX/RP-1



Thrust at SL: F = 51,012 N



Chamber pressure: Pc = 70 bar = 7·106 Pa

There are 3 major parameters left to be computed yet:


Thrust coefficient (CF)



Characteristic velocity (c*, pronounced “cee-star”)



Specific impulse (Is)

Is will be of ultimate importance to the space-vehicle builder, but both CF and c*
are of great and early importance to the engine and thrust-chamber designer and
developer.

Meaning and calculation of C F
The quantity CF reflects the product-gas expansion properties and design quality
of the nozzle. The expression for theoretical CF may be written as:

Where: F = thrust level;

or Pc = nozzle stagnation pressure or chamber

total pressure at nozzle inlet;

= nozzle sonic throat area. This form shows that

CF measures the force augmented by the gas expansion through the nozzle, as
compared to the force which would be generated if the chamber pressure acted
only over the throat area.
In practice, CF is computed from [3]:
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With

And
Thus CF is a function of ambient pressure Pa, chamber pressure Pc, exit pressure
Pe and specific heat ratio .

Meaning and calculation of c*
The characteristic velocity c* is a parameter primarily used to rate the propellant
combustion performance and is given by the following expression:

With:

= propellant weight flowrate, lb/s. This form shows that c* measures

combustion performance in a given thrust chamber by indicating how many
pounds per second of propellant need to be burn to maintain the required nozzle
stagnation pressure.
In practice, c* is computed from [3]:

Where
So c* is a function of the properties of the product gas at the exit of the
combustion chamber (or the nozzle inlet), namely, specific heat ratio , gas
constant Rg, and combustor temperature Tc.
Finally, the last major parameter specific impulse can be computed from:

with
Once all these expressions have been presented, the procedure to compute the
3 major parameters left is:
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Fix Pe, find   compute Me  compute CF  compute At
compute

 compute Is

Also find Rg and Tc  compute c*

Note: according to [22] page 75, a typical mainstage exit static pressure being
used for current booster design is 6 psia. Note that 6 psia = 0.4 atm, which
corresponds to 0.4 times atmospheric pressure at SL, i.e. Pe = 0.4 Pa, the limit for
detachment of the boundary layer. This will be explained in detail in section 6.1.2.
In the current study, the mentioned procedure is followed with the help of
software called Rocket Propulsion Analysis (RPA). The parameters introduced in
RPA (at Initial Data) are:
-

Pc = 70 bar
Propellants: LOX/RP-1
Mixture ratio r = ropt
Pe = 0.4 atm

In the Performance Analysis, RPA computes the thermodynamic properties of the
product gas , Rg and Tc (among many others) and it also computes the
performance parameters (both theoretical/ideal and estimated delivered).
Some of the thermodynamic properties computed for the chamber performance
are listed below.

Parameter
Pressure
Temperature
Enthalpy
Entropy
Gamma
Gas constant
Density
Velocity
Mach
Mass flux

Injector
7
3692.1047
-769.1837
11.1179
1.1872
0.3467
5.4689
0
0
0

Nozzle inlet
7
3692.1047
-769.1837
11.1179
1.1872
0.3467
5.4689
0
0
0

Nozzle throat
4.0495
3513.5217
-1447.6971
11.1179
1.1776
0.3417
3.3727
1164.9196
1
3928.8677

Nozzle exit
0.0405
2228.6814
-5761.3566
11.1179
1.1721
0.3144
0.0578
3159.8015
3.4897
182.7905

Unit
MPa
K
kJ/kg
kJ/(kg·K)
adim.
kJ/(kg·K)
kg/m³
m/s
adim.
kg/(m²·s)

Table 12. Thermodynamic properties at each stage, obtained with RPA (O/F=2.749).
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Since the mixture ratio is set to optimum value, it is automatically computed by
the software. The mass fractions of the combustion products at each station are
computed as well and are plotted in the following figure.

Figure 14. Fractions of the combustion products by station, obtained with RPA.

As for the performance parameters, the following data are obtained:

Parameter
Characteristic velocity
Effective exhaust velocity
Specific impulse (by mass)
Specific impulse (by weight)
Thrust coefficient

Sea level

Opt. expansion

2827.21
2827.21
288.29
1.5868

1781.68
3159.8
3159.8
322.21
1.7735

Vacuum
3381.53
3381.53
344.82
1.8979

Unit
m/s
m/s
N·s/kg
s

Table 13. Theoretical (ideal) performance data, from RPA.

Reaction efficiency
Nozzle efficiency
Overall efficiency

0.9839
0.9771
0.9613

Table 14. Efficiencies in chamber, from RPA.
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Parameter
Characteristic velocity
Effective exhaust velocity
Specific impulse (by mass)
Specific impulse (by weight)
Thrust coefficient

Sea level

Opt. expansion

2696.37
2696.37
274.95
1.5382

1752.98
3028.97
3028.97
308.87
1.7279

Vacuum
3250.7
3250.7
331.48
1.8544

Unit
m/s
m/s
N·s/kg
s

Table 15. Estimated delivered performance data, from RPA.

From all these data it is concluded:
 c* = 1752,98 m/s
 CF = 1.5382 at SL (remember F has been defined at SL)
 Is = 274.95 s at SL
Relevant note: Is at vacuum is 331.48  300 s thus it is checked that the second
point in the list of requirements is achieved.
After all 6 major thrust-chamber operating parameters have been established
from engine system requirements and performance calculations, one of the
fundamental dimensions of the thrust chamber, the throat area, can be readily
derived:

The throat area is usually the starting point of a thrust-chamber configuration
layout. Next steps are to establish combustion-chamber volume and shape.

6.1.1 Combustion-Chamber Layout
Combustion-Chamber Volume
The purpose of the combustion chamber is to contain the propellants for a
sufficient period (“stay time” or “combustion residence time”) to allow complete
mixing and combustion.
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The required stay time depends on factors like the propellants combination
(determining the rate of combustion) and their injected conditions (liquid, gas or
gel), the combustion chamber geometry and the injector design. Larger engines
with larger injection elements (producing larger drop sizes) will typically require
more time to complete combustion. Therefore combustor volume has a distinct
effect on combustion efficiency.
The theoretically required combustor volume is in turn a function of the mass
flowrate of the propellants, the average density of the combustion products and
the stay time needed for efficient combustion.
For clarity, instead of using the “stay time”, a useful parameter relative to
chamber volume and such stay time is defined: the “characteristic length”, written
“L*” and pronounced “L-star”:

Where

= chamber volume, in3;

= nozzle sonic throat area, in2;
3

propellant weight flowrate, lb/s; V = average specific volume, in /lb; and
propellant stay-time, s.
Since At is nearly direct proportion to the product
function of ts.

=
=

, L* is essentially a

The effect of L* on c* is the following: c* increases with L* to an asymptotic
maximum. This means that increasing L* beyond a certain point decreases
overall engine performance and it is because of the following reasons: larger L*
results in higher thrust-chamber weight, more surface area in need of cooling and
more frictional losses in the combustor.
For a new thrust-chamber design, the habitual method of establishing L* relies on
past experience with similar propellants and engine size. Typical L* values for
various propellants combinations are shown in Table 16.
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Table 16. Typical L* for various propellants. Source [22].

Table 16 shows that for Liquid oxygen and RP-1 the combustor characteristic
length is typically between 40 and 50 inches. According to [22], high L* values
correspond to high stay time values which, as stated at the beginning of this
section, in turn correspond to large engines (with their typically larger injection
elements that produce larger drop sizes). To sum up: for this propellant
combination, small engines have L* of about 40 in while large engines have L* of
about 50 in. To determine the value of L* for the current study, the following is
considered:
-

Vera is to propel the first stage of a launcher of 4,000 kg with a payload of
only 100 kg and will produce 51 kN of thrust. Thus, on the one hand, this
engine is small compared to those of first stages of heavier launchers,
which have a thrust at liftoff of 100-10,000 kN.

-

On the other hand, however, it is rather large compared to a small 0.5-kNthrust attitude-control engine.

In view of all this, the current engine could be considered a small-to-medium
engine and consequently an intermediate value of L* could be used. Also, in
accordance to what has been said about the positive effect in performance of a
high L* in contrast with the drawbacks associated, an intermediate value could be
a compromise solution.
This way the value of L* is established: L*= 45 in = 1,143 mm
Now the chamber volume can be calculated:
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Combustion-Chamber Shape
Historically, three geometrical shapes have been commonly used in combustionchamber design: spherical, near-spherical and cylindrical. While the first two
geometries were used in early European designs, the cylindrical chamber has
been employed most frequently in the United States.
Spherical and near-spherical present some advantages and disadvantages. For
a given volume, a spherical or near-spherical chamber has less cooling surface
and weight, and for the same material strength and chamber pressure, the
minimum wall thickness required for pressure loads is approximately half that of a
cylinder chamber. On the other hand, a spherical chamber is more difficult to
manufacture and has provided worse performance in other aspects.
Considering all this, a cylindrical combustion chamber is selected, because it
is the most common choice nowadays.
Although for a given required volume the chamber could theoretically have any
shape, in actual design the choice of combustion chamber configuration is
limited. Many factors are involved that make the selection of the proportions no
easy task. For example, a long chamber with a small cross sections leads to high
nonisentropic pressure losses and also long chambers impose space limitations
on the injector design to accommodate all the required injection elements. In the
opposite case, a short chamber of large cross section, a relatively large part of
the chamber volume is occupied by the propellant atomization and vaporization
zone, while the mixing and combustion zone becomes too short for efficient
combustion. When determining the final combustion-chamber configuration, other
factors must also be considered, such as heat transfer, combustion stability,
weight and manufacturing.
The selection of the proportions and size of a new thrust-chamber assembly for a
given thrust and chamber pressure usually appears to be a somewhat arbitrary
process. A relevant fact that must be known is that, generally speaking, the
combustion process is not scaleable. Trying to scale down a high-thrust-level
engine into a low-thrust-level engine would lead to impossible dimensions (like
extremely small diameters).
Reference [22] suggests that the process of sizing a new thrust chamber could
start by examining the dimensions of previously successful designs in the same
size class and plotting those data in a rational manner. It recommends taking the
throat size of the new engine (which can be easily computed) as a reliable
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parameter and thus plot historical sources in relation to such throat diameter. It
also underlines the importance of checking the output of any modeling program
and considering it a logical starting point for specific engine sizing.
Following this line, the next two parameters, contraction ratio ε c (defined as the
major cross-sectional area of the combustor divided by the throat area) and
chamber length Lc, are calculated through a somewhat iterative process that
interrelates RPA software and historical data.
First, with assistance of software RPA and introducing at Initial Data:
-

Pc = 70 bar
Propellants: LOX/RP-1

-

Mixture ratio: r = ropt
Pe = 0.4 atm

-

Nominal thrust: F = 51.012 kN at ambient pressure 1 atm (thrust chamber
size will be determined matching this requirement)

-

Nozzle shape and efficiency: Bell nozzle, estimated efficiency for length
80% on the basis of defined nozzle exit condition. (This is established
during nozzle layout design, explained in section 6.1.2).

At Engine Design/Chamber Geometry/Design Parameters:
- L* = 45 in
Now, additionally to the Performance Analysis, in the Engine Design/Chamber
Geometry/Size and Geometry section the software returns all the parameters regarding
the geometry of the thrust chamber.
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Figure 15. Preliminar data for thrust chamber geometry obtained with RPA.

Important: at this point, some of the parameters that RPA returns are not
definitive. The nozzle geometry, including Dt, is indeed definitive, but some of the
parameters of the combustion chamber still have to be iterated, like Dc , Lc and
. This is because now the parameters that define the combustion chamber
geometry have not been introduced yet, and the software is using its own values.
Definitive parameters obtained:


Dt = 77.74 mm

Note that RPA gives a throat diameter of 77.74 mm, equivalent to a throat area of
4,746.5598 mm2. The throat area calculated here just before starting the
combustion-chamber layout, using the parameter CF obtained in the first
simulation with RPA (no nominal thrust imposed) was 4,737.6 mm2. The value
that now gives the software presents a relative error of 1.89·10-3 versus the one
calculated here. This is a pretty good result that confirms both values, and the
difference between them may be explained by the assumption of non-ideal
efficiency that the software adds to the computation (because of this, for the next
step the value Dt = 77.74 mm is used).
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At this point, in accordance to what [22] recommends, historical data plotted in
Figure 16 is used to find the value of contraction ratio εc that typically
corresponds to such value of throat diameter (Dt = 77.74 mm= 3.0606 in) for
Liquid Ox/RP-1 engines.

Figure 16. Contraction ratio relationships used in scaling program. [22]

This gives a contraction ratio of approximately:


εc = 4

Through Initial Data/Nozzle Flow Model/Nozzle conditions/Nozzle inlet condition,
this datum is introduced in RPA and this is how now the combustion chamber
geometry is defined in the cross-sectional dimension. That is the reason why the
value of Dc the software returns now can be accepted as definitive.


Dc = 156.16 mm

Next step is to establish combustion-chamber geometry in the longitudinal
dimension, that is, combustor length. The value RPA returns at this point is:
Lc = 328.61 mm = 12.937 in
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Figure 17 shows historical Lc -to-Dt relationships and permits us to check whether
the value just obtained by RPA fits in that tendency. For a Liq-Liq propellant
combination at approximately 1000 psi of chamber pressure and using Dt =
3.0606 in and Lc = 12.937 in:

Figure 17. Chamber lenght relationships used in scaling program. (Huzel, Dieter K., Huang, 1992)

The pair (Dt = 3.0606 in, Lc = 12.937 in) is clearly out of historical tendency.
Instead, for this throat diameter the chamber length should be lowered to about
8.5 in = 215.90 mm. This means the solution is not yet definitive and some
geometric parameter of the combustion chamber must be refined.

Variations considered
Chamber Contraction Angle b
A first approach is to modify contraction angle b (shown in Figure 15). The
question now is how to modify contraction angle in order to lower Lc: they are
both related through the chamber volume. Once At and L* were established, the
chamber volume was established as well, as stated before:
. Subsequently, to shorten the chamber while maintaining this volume, b
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must be increased, this way a larger portion of Lc has the maximum area Ac,
hence less Lc is needed.
According to RPA results, at this point b = 30.00 º. Increasing b up to 60º, RPA
computes Lc = 318.52 mm (10 mm less). This proves the effect that b has on Lc is
too subtile to be worth the risk of detachement that such abrupt change in
geometry might entail. The variation of b is ruled out.
Contraction Ratio εc
Despite [22] mentions that smaller chambers typically employ a larger contraction
ratio with a shorter length, it was derived from Figure 16 that for this throat
diameter and using liquid oxigen/RP-1, the contraction ratio is not expected to be
higher than 4. Like in the case of angle b, it is decided to stay conservative and
not to increase εc beyond 4.

Figure 18. Chamber geometry parameters that can be modified in RPA.

Radii R1 and R2
As Figure 18 shows, the radii R1 and R2 are also susceptible of being modified,
but this option is ruled out because smaller radii would make the manufacture
more complex, and that is not desirable here (remember it was stated in section
1.4 that reducing design and manufacturing costs is a priority). Besides, as in the
case of angle b, these radii would not significantly affect Lc.
Characteristic lenght L*
Considering all this, the solution adopted to lower a bit more Lc is to use a smaller
value of L*. Remember L* was estimated between 40 and 50 inches, and despite
an intermidiate value of 45 in was firstly taken, it was already argued that Vera
could be considered a small-medium engine. Therefore taking the smallest L*
could well be justified (it is true, though, that this is a more conservative design
that might lower performance).
When L* = 40 in, RPA returns Lc = 296.86 mm =11.6874 in (32 mm less).
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Despite this is still over the 215.90 mm that Figure 17 recommends, there might
be a reason for this, and it is in the long explanation that [22] gives about
combustion-chamber shape selection; although it suggests using plotted
historical data to scale the chamber, it also points out that throat size is not the
only driving force in chamber sizing.
As the main purpose of the combustion chamber is the effective reaction of the
propellants, the forces governing and limiting these reactions are major drivers.
Therefore, the conditions of the injected reactants become significant parameters
that have major impact on reaction times and the resultant chamber volume
required for adequate dwell time. It gives as an example the case of a gas/gas
reaction, which obviously takes minimum volume or distance in the chamber,
because no atomization/vaporization mechanisms are needed. This has been
observed in some combustors that have proven to perform perfectly with only ½
in long.
Vera is the opposite example. The combination of propellants does not facilitate
reaction for two main reasons: first, two reactants are liquid; second, the fuel is
RP-1 or kerosene, whose structure is complex compared to liquid hydrogen, for
instance. For all this, it can be accepted that this engine requires a longer
combustion chamber compared to historical data.

6.1.2 Nozzle Expansion Area Ratio and Shape
The nozzle layout can be readily obtained with Rocket Propulsion Analysis
software (RPA). However, for pedagogical purposes, in this section the nozzle
layout is calculated using all theoretical formulae required (for the value of
specific heat ratio previously obtained from RPA) and the procedure is thoroughly
developed. This will also permit checking RPA’s results and avoid taking them
slavishly.

Nozzle Expansion Area Ratio
With chamber pressure fixed, the nozzle expansion area ratio required for
optimum performance depends on the ambient pressure. However, considering
the obvious fact that the rocket gains altitude with time, the decision to be made
is: for which altitude should the nozzle be optimized?
The more expanded a nozzle is, the lower pressure of the ejected flow. The effect
of this on performance is the following: if the nozzle is underexpanded, it is
ejecting flow at a pressure that is higher than the ambient pressure, and therefore
the potential thrust this flow could be doing were they still inside the nozzle is
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wasted. In the opposite case, an overexpanded nozzle is ejecting flow at a lower
pressure than the ambient one, which means that at the last sections of the
nozzle, the pressure outside is higher than the pressure inside and a negative
thrust contribution is generated there.
A first-stage booster engine, like this one, presents an extreme case of
compromise in nozzle expansion ratio. If the nozzle is optimized for the pressure
ratio at sea-level ambient pressure, it will soon become underexpanded and
potential thrust will be wasted as it gains altitude and the ambient pressure drops.
That is the reason why booster-engine expansion ratios are typically based on
the expected limit of attached nozzle flow.
A classic bell nozzle operates as overexpanded, which is of course not an
optimized operating point at this altitude for this nozzle area ratio. As the rocket
gains altitude, however, the thrust coefficient improves and soon it is higher than
it would be for an expansion ratio sized for the sea-level pressure ratio. This
choice usually implies significant gain in overall delivered specific impulse
(performance) for the mission.
Reference [22] alerts that this overexpansion presents various mechanical and
structural problems caused by the loads on sections of the nozzle wall below
ambient pressure (including more complex phenomena like structural resonant
distortion mode of the nozzle skirt). The conclusion is that the nozzle structure
should be as rigid as possible within weight constraints.
All this explains why the exit pressure in this survey is 6 psi or 0.4 atm, the
expected limit for boundary layer detachment. For Pe = 0.4 atm, Mach number at
nozzle exit is computed with [3]

And nozzle expansion area ratio

is finally derived from

Using  = 1.1872 (from Table 12); Pc = 70 bar; Pe = 0.4 atm = 0.4053 bar; one
gets:
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Me = 3.6590
εe = 18.6458
This can be contrasted with results obtained from software RPA:

Figure 19. Thrust-chamber geometry data computed by RPA.

The difference in RPA’s figures (εe=21.28) and those obtained from (theoretical)
formulae may be explained by the nozzle flow model specification in RPA (Figure
20). Since in RPA more nozzle flow effects are considered, the expansion ratio
required computed is higher.

Figure 20. Nozzle flow model specification used in RPA.
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Nozzle Shape
Most rocket engines have nozzles of the converging-diverging De Laval type. By
contrast to the converging region, were any smooth section will have very low
energy losses, the contour of the diverging region has a key impact on
performance because of the very high flow velocities involved. Any abrupt
change in the nozzle wall contour should be avoided to prevent shock waves or
turbulence losses.
The design considerations and goals that should be borne in mind when
selecting an optimum nozzle shape for a given expansion area ratio, are:


Shortest possible nozzle length (for minimum space envelope, weight, wall
friction losses and cooling requirements)



Uniform, parallel, axially directed flow at the nozzle exit (for maximum
momentum vector).



Minimum separation and turbulence losses.



Ease of manufacture.

Three different nozzle shapes are considered: conical, bell and annular. A bell
nozzle type is chosen following this reasoning:
Bell over conical
Conical nozzles were largely used in early rocket applications. They are easy to
manufacture and generally speaking proved satisfactory in most aspects.
However, as a result of the nonaxial component of the exhaust gas velocity,
some performance losses take place in a conical nozzle.
The conical nozzle was improved with the bell-shaped nozzle, which was
developed to gain higher performance and to shorten nozzle length (the first of
the goals mentioned above). In this type of nozzle, a fast-expansion (radial-flow)
section is used in the initial divergent region to achieve a uniform, axial flow at the
nozzle exit (the second of the goals). The possibility of oblique shocks is
prevented by a gradual change in wall contour.
Bell over annular
Although annular nozzles present some advantages, mainly an increase in
performance, they are ruled out because of their disadvantages: relatively high
cooling requirements, heavier structural construction and manufacturing
complexity.
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The conical nozzle with a 15-deg divergent half-angle (half angle is α in Figure
21) has become almost a standard because it has a good balance of weight,
length and performance. Hence an equivalent 15-deg-half-angle conical nozzle is
commonly taken as a standard to specify bell nozzles: an “80% bell nozzle” is a
bell nozzle whose length is 80% of that of a 15-deg-half-angle conical nozzle with
the same throat area, radius below the throat and area expansion ratio. This
fractional nozzle length is called Lf. Tests have proven that for bell-nozzle lengths
beyond Lf = 80% the contribution to performance is not significant, therefore Lf =
80% or “80% bell nozzle” is commonly used. This explains why this condition was
selected in RPA (Figure 20).

Figure 21. Conical nozzle contour. From [22].

 Decision taken: Vera has a bell nozzle

When designing a near-optimum-thrust bell nozzle contour, a convenient
procedure is to use the parabolic approximation suggested by G. V. R. Rao,
shown in Figure 22, expressed in terms of the throat radius. The nozzle contour
immediately upstream of the throat T is a circular arc with a radius of 1.5 Rt. The
divergent-section nozzle contour is constructed with a circular entrance section
with a radius of 0.382 Rt from throat T to the point N and parabola from point N to
the exit E.
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Figure 22. Parabolic approximation of bell nozzle contour, from [22].

To design a specific nozzle, the following data are required: throat diameter D t;
expansion area ratio εe; axial length of the nozzle from throat to exit plane, Ln;
initial wall angle of the parabola θn; and nozzle-exit wall angle θe.
The first two have already been established. The values obtained with theoretical
expressions (not software) are:



εe = 18.6458

Since it is a “80% bell”, by definition, the nozzle length Ln is 80% of the length of
an equivalent 15-deg-half-angle conical nozzle. For a conical nozzle

Where R = 0.382Rt. For α = 15 º; εe = 21.28; Rt = 38.8333 mm; R = 14.8343 mm:

Hence for the 80% bell

The two angles (θn and θe) that define the parabola are derived from Figure 23.
For εe = 21.28 and Lf = 80%:
θe = 9 º ; θn = 29 º
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Figure 23 Parabola angles as function of expansion area ratio, [22]

Manually-obtained nozzle layout data
The nozzle layout manually calculated is:


Dt = 77.6666 mm



εe = 18.6458



Ln = 420.4647 mm



θn = 29 º



θe = 9 º

RPA-obtained nozzle layout data
Results obtained by software are shown in Figure 24 and listed below (note the
nomenclature is adapted):


Dt = 78.08 mm



εe = 21.28



Ln = 428.80 mm



θn = 25.00 deg



θe = 14.02 deg
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Figure 24. RPA results for thrust-chamber layout.

It is checked that the two methods give very similar values. This verifies both the
procedure that has been manually followed and the results obtained by software,
which are accepted from this moment on.
To summarize, the parameters established in this section (RPA values) are
gathered in Table 17.
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Thrust-Chamber Layout Data
Operating Parameters
Propellants (O/F)
LOX/RP-1
Total Mass Flow Rate
18.8821 kg/s
Oxidizer Mass Flow Rate
13.8427 kg/s
Fuel Mass Flow Rate
5.0395 kg/s
Chamber Pressure (Pc )
7 MPa
Thrust at SL (F)
51012 N
Thrust Coefficient at SL (CF)

1.5361

Characteristic Velocity (c*)
Specific Impulse at SL (Is)

1752.91 m/s
274.57 s

Geometric Parameters
Characteristic Length (L*)
1016 mm
Chamber Diameter (Dc)
156.16 mm
Chamber Length (Lc)
296.86 mm
Cylindrical Length (Lcyl)
182.35 mm
Chamber Contraction Angle
30 º
(b)
Contraction Ratio
4
R1
58.56 mm
Throat Diameter (Dt)
78.08 mm
Nozzle Length (Ln)
428.80 mm
Nozzle Exit Diameter (De)
360.17 mm
Rn
14.91 mm
Initial Parabola Angle (Tn)
25 º
Final Parabola Angle (Te)
14.02º
Expansion Area Ratio
21.28
Total Thrust-Chamber Length
725.66 mm
(Ltc = Lc+Ln)
Table 17. Parameters computed for thrust-chamber Layout
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6.2 Thrust Chamber Thermal Analysis
6.2.1 Cooling Technique Selection
The high temperatures found in the combustor (2000 to 3000ºC) and the
consequent high heat-transfer rates from the hot gases to the chamber wall (0.8
to 165 J/(mm2s)) make thrust-chamber cooling a design consideration of great
importance.
Typically one or a combination of the following chamber-cooling technics is used:


Radiation cooling: heat is radiated away from the surface of the outer wall
of the thrust chamber. This basic cooling technique is sufficient for lowheat-flux regions such as nozzle extensions and materials with high
service temperatures.



Ablative cooling: material from the combustion-gas-side wall is sacrificed
by vaporization, melting and chemical changes to dissipate heat. Intended
only for short-duration or low-chamber-pressure liquid systems.



Regenerative cooling: one or both propellants are fed through longitudinal
cooling channels in the thrust-chamber wall prior to being injected into the
combustor. As the coolant passes through the channels, the wall is cooled
while the coolant is heated. It is widely applied in high-pressure, highheat-flux thrust chambers and has several advantages over other cooling
technics.

Figure 25. Regenerative cooling. [26]
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Figure 26. Regenerative cooling channels, by Paul Breed. Shared with the author's permission.



Dump cooling: similar to regenerative cooling, but instead of injecting it
into the combustor, the coolant is dumped overboard through openings at
the rear end of the nozzle skirt. Can only be applied to limited cases
because of performance losses.

Figure 27. Dump-cooled chamber fabrication methods. From [22].



Film cooling: droplets of coolant are introduced through orifices around
the injector periphery or through manifolded orifices in the chamber wall
near the injector to form a thin film of coolant between hot gases and the
inner chamber wall.
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Figure 28. Film cooling. [27]

Figure 29. Orifices for film cooling, by Paul Breed. Shared with the author's permission.

Figure 30 shows the effect of the cooling system on the thrust chamber
temperatures, in the radial direction.
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Figure 30. Temperature gradients in cooled rocket thrust chamber, including
typical temperatures. [6]

The main factors affecting the selection of the best cooling technique are:
-

Propellants

-

Chamber pressure

-

Propellant-feed system
Thrust-chamber configuration

-

Thrust-camber construction material

Because of all these interdependences, the thrust-chamber cooling system
cannot be treated independently. In this survey, the cooling system design is
conducted parallel to the materials selection and a simulation for thermal analysis
performed with software (Rocket Propulsion Analysis). The simulation is run
iteratively until a satisfying combination of cooling system and materials is found.
For clarity, let us designate in this survey two different regions in the thrust
chamber regarding cooling system: a highly-cooled region and a low-cooled
region. Surely the highly-cooled region must include the combustion chamber
and the throat section, where the heat-transfer is always highest (see
Figure
31). The low-cooled region typically consists of the final part of the nozzle, where
the hot gases from the combustor have already transformed some of the thermal
energy into kinetic energy and the heat-transfer is less demanding. Of course the
longer the highly-cooled region, the more complex the cooling system is,
therefore the aim of the cooling system design is to find the minimum-required
length of this region to assure good thermal performance.
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Figure 31. Typical heat transfer rate distribution for liquid propellant
thrust chambers, longitudinal direction [6].

Preliminary Selection to Start Simulation
For a high chamber pressure like in this case (70 bar), the combustion-gas mass
flowrate is higher and so is the heat-transfer rate. Regenerative- and film-cooling
are typically combined in these demanding cases.
The main problem of regenerative cooling is the pressure drop that occurs in the
cooling channels. According to [22], to assure a stable combustion, the pressure
at the injector must be at least 20% higher than the chamber pressure, so that
the difference between these two pressures forces the fuel to move into the
chamber (a flow in the opposite direction would entail many risks). This is the
reason why the cooling technique selection depends on the propellant-feed
system. A turbopump-fed engine, like Vera, has a higher pressure budget and
can afford more pressure drop for chamber cooling, that is, can use regenerative
cooling.
Considering all this, the first selection made before checking results with thermal
simulation is:
-

For the highly-cooled region: regenerative cooling plus film cooling if
necessary.
For the low-cooled region: radiation cooling.
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6.2.2 Materials Selection
Materials selection for a thrust chamber is strongly linked to the cooling technique
selection. Those sections where a more sophisticated cooling technique is
applied can be made of a material with more limited thermal performance (and
less expensive). During materials selection, basically two materials are looked
for, one for the highly-cooled region and another for the low-cooled region.
Decisions taken in this section always need to be considered together with those
taken for 6.2.1.

Preliminary Selection to Start Simulation
For the highly-cooled region, a more inexpensive material is suitable. This
reduces the material cost to somehow compensate for the more expensive
manufacturing process of the regenerative cooling channels.
Stainless steel 316 alloy, used by Armadillo Aerospace [28], is selected because
it offers satisfactory performance at an acceptable cost. Thermal properties
required during simulation with RPA are showed in Figure 32.

Stainless Steel 316
Thermal conductivity (at 500 ºC)
Emissivity (at 949 ºC )
Max. Service Temperature

21.4 W/(K·m)
0.66
1198 K; 925 ºC

Figure 32. Stainless steel 316 properties required for simulation. [29][30][31]

Besides, Figure 33 shows this alloys’ high performance in extreme environments.
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Environmental Properties
Resistance Factors

1=Poor 5=Excellent

Flammability
Fresh Water
Organic
Solvents
Oxidation at
500C
Sea Water
Strong Acid
Strong Alkalis
UV
Wear
Weak Acid
Weak Alkalis

5
5
5
5
5
5
5
5
4
5
5

Figure 33. Stainless Steel 316 environmental properties. [31]

For the low-cooled region, a high performance material is used. Although this
increases the material cost, the overall manufacturing cost is reduced, because
the manufacture of the regenerative cooling channels is quite complex.
At first, an aerospace Molybdenum alloy called TZM (Titanium-ZirconiumMolybdenum) is selected. Compared to pure molybdenum, TZM is stronger and
has better creep resistance. It is used in high-temperature applications involving
demanding mechanical loads. With a density of 10.22 g/cm3, it is the main
construction material in the thrusters developed by ECAPS (company focused on
green propulsion for space applications) and is widely used among the
aerospace industry because it presents very high operating temperatures,
corrosion resistance, low thermal expansion and relatively low cost compared to
more expensive high temperature alloys like Niobium.
Figure 34 shows TZM’s outstanding conductivity and service temperature.
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TZM
Thermal conductivity (at 1200 ºC)
Emissivity
Max. Service Temperature

118 W/(K·m)
?
1673 K; 1400 ºC

Figure 34. TZM thermal properties. [32]

However, while this survey is conducted, it turns out to be impossible to find a
satisfying value for TZM’s emissivity. Although Oxidized Molybdenum has a very
desirable emissivity of 0.82, this value cannot be applied to TZM alloy without
caution. While researching, a thesis document [33] centered on this topic is
found. It proves that TZM’s emissivity is, firstly, highly dependent on temperature,
which makes it harder to establish it, and second, too low anyway. The author
declares TZM to be commonly described as having emissivity “around 0.2” or
regarded as a “low emissivity” alloy.
Taking account of all this information, TZM is ruled out as an option for the lowcooled region. Instead, a material with well known thermal properties is selected:
Inconel 600.
Figure 35 shows Inconel 600 outstanding properties compared to other materials
commonly used in thrust-chamber construction. Vulcain and Vulcain 2 nozzles
are made of Inconel 600.

Figure 35. Typical thrust-chamber inner wall materials and their properties at room temperature. [34]

Figure 36 shows Inconel 600 properties to be used in the upcoming simulation.
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Inconel 600
Thermal conductivity (at 800 ºC)
Emissivity (at 980 ºC)
Max. Service Temperature

27.5 W/(K·m)
0.82
1368 K; 1095 ºC

Figure 36. Inconel 600 properties required for simulation. [35]

6.2.3 Thermal Simulation with Specialized Software (RPA)
The thermal simulation is performed with Rocket Propulsion Analysis software,
previously used in section 6.1. It is started with the following preliminary selection
(explained in the previous sections):

Region
Highly-cooled
Low-cooled

Cooling Method
Regenerative
Radiation

Construction Material
Stainless steel 316
Inconel 600

Figure 37. Starting selection for the thermal simulation.

As explained before, the aim of the thermal simulation is to determine the
minimum length of the highly-cooled region (Lhighly-cooled) required. For a 1Dcoordinates system with x = 0 at the injector plane, it is certain that Lhighly-cooled will
be higher than throat location or chamber length (296.86 mm), since maximum
heat-transfer occurs at throat section. A value of Lhighly-cooled slightly higher than Lt
is used for the first iteration and it is increased for each repetition.
First iteration
For the first iteration, RPA returns an error. The problem is that kerosene (the
fuel, used as coolant) gets too hot if only regenerative cooling is used in the
highly-cooled region. To solve it, film cooling technique is added to this region.
Checking
At the end of each it iteration, the following must be checked:
1. Is pc (coolant pressure, or fuel pressure) at the injector plane (x = 0.0 mm)
at least 20% higher than chamber pressure?
That is, is pc (0.0)  1.2Pc = 84 bar = 8.4 MPa?
-

Yes  OK

-

No  Pressure at cooling channels inlet must be risen.
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2. Is maximum service temperature in the highly-cooled region surpassed?
That is, is maximum Twg (for x < Lhighly-cooled)  1198 K? Where Twg is the
gas-side wall temperature.
-

No  OK

-

Yes  film cooling mass flow (and therefore regenerative mass
flow) must be risen.

3. Is maximum service temperature in the low-cooled region surpassed?
That is, is maximum Twg (for x  Lhighly-cooled)  1368 K?
-

No  OK

-

Yes  Lhighly-cooled must be risen.

Update Input Data
RPA calculates the fuel temperature and pressure at the end of the cooling
channels, which is exactly how the fuel will be injected into the combustion
chamber. Before running the following iteration, current results obtained for fuel
temperature and pressure at the injector plane are introduced in two places:
Initial Data/Propellant Specifications/Fuel
Engine Design/Thermal Analysis/Thrust Chamber Cooling/Film Cooling
To be more precise, as the following iteration will have a larger regeneratively
cooled region, one can well predict that actual pressure at the cooling channels
exit will drop a bit more, like the temperature will rise a little. Knowing this in
advance, we will not introduce the current result values but will rather slightly
modify them instead. This is how we tell the software that the film cooling for the
next iteration will not actually be so effective because the coolant (the fuel) is
indeed injected hotter (for it has performed more regenerative cooling).

Iterations Results
Regarding the three conditions checked, the first one is always satisfied.
Therefore the pressure at the cooling channels (which will be given by the
turbopump and manifolds) stays as firstly introduced: 98 bar. Mind this value was
deliberately calculated as 140% of chamber pressure, aiming to assure 120% Pc
at the end of the cooling channels assuming a pressure drop of 20% Pc for the
regenerative cooling process. As for temperature, since kerosene is storable
(liquid at room temperature), room temperature is used, 300 K.
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The second condition is always satisfied as well, thence the fuel relative mass
flowrate intended for film cooling stays the same as firstly introduced: 0.05.
Subsequently, since the fuel used for film cooling must first pass through the
regenerative cooling channels, the absolute mass flowrate intended for
regenerative cooling is the absolute fuel mass flowrate intended for combustion
plus the absolute fuel mass flowrate intended for film cooling. The relative mass
flowrate of regenerative cooling gives

Among all results obtained, the most relevant one is that Lhighly-cooled needs to be
increased so much to maintain a safe temperature throughout the whole thrust
chamber, that it is decided to extend the highly-cooled region to the total length of
the thrust chamber. Hence in the final design, there is no low-cooled region made
with Inconel 600 and cooled by radiation. The totality of the thrust chamber is
constructed with Stainless Steel 316 and cooled by regenerative and film means.

Thermal Analysis Conclusions
Decisions taken in this section are summarized in Table 18, where Tcool and Pcool
are the coolant temperature and pressure. Last rows refer to geometric
parameters of Figure 38.

Figure 38 Legend for data in Table 18
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Thrust-Chamber material: Stainless Steel 316
Cooling technique # 1: Film
Coolant

RP-1

Relative mass flowrate

0.05

Absolute mass flowrate

0.944 kg/s

Tcool at injector plane

404.96 K

Pcool at injector plane

90.6 bar

Cooling technique # 2: Regenerative
Length

whole Ltc: 725.66 mm

Coolant

RP-1

Relative mass flowrate

0.317

Absolute mass flowrate

5.986 kg/s

Tcool at cooling channels inlet

300 K

Pcool at cooling channels inlet

98 bar

Tcool at cooling channels exit

404.96 K

Pcool at cooling channels exit

90.6 bar

Rib height (hc)

1.5 mm

Width channel at injector plane (a1)

3.956 mm

Width channel at throat (amin)

1.503 mm

Width channel at nozzle exit (a2)

10.359 mm

Rib width (b)

1 mm

Table 18 Cooling system parameters.

Now that stainless steel 316 is established as the construction material for the
totality of the thrust chamber, it becomes interesting to know a bit more of its
mechanical properties. From [30], some of its properties are shown in Figure 39,
Figure 40 and Figure 41.
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Figure 39. SS 316 physical properties.

Figure 40. SS-316 elevated temperature mechanical properties.

Figure 41. SS-316 stress rupture properties.
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It is of great importance, as stated in section 6.1.2., to assure the nozzle is
capable of standing the extreme loads state it will suffer. The condition of
overexpanded nozzle entails many structural and mechanical problems.
Moreover, an even more complicated structural problem may occur at a lower
pressure than this design point, like during start-up, when pressure increases. A
cyclic phenomenon consisting of alternation between detachment and
reattachment of the nozzle flow exists and usually couples with a structural
resonant distortion mode of the nozzle skirt.
Structures that temporarily restrain the nozzle might be used during first start
moments and be removed later. Anyway it is done, [22] points out the nozzle
structure should be as rigid as the weight constraints permit.
The objective of all these explanations is to make clear that a structural analysis
should definitely be made in order to confirm the nozzle structural performance,
although it is not included in this survey because its complexity leave it
completely out of scope.
Software RPA returns the numerical results of steady-state thermal analysis,
including wall temperature (both gas-side, Twg, and coolant-side, Twc), coolant
temperature (Tc), coolant pressure, coolant velocity, convection heat flux,
radiation heat flux or total heat flux, for each location (x coordinate) from injector
plane to nozzle-exit plane.
This information is plotted and shown in Figure 42 and Figure 43. Note: in this
case Twi can be ignored, read Twg = Twi.
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Figure 42. Temperatures plot. From RPA.

Figure 43. Wall heat flux plot. From RPA.
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Figure 43 shows that of course most of the heat flux is due to the forced
convection of the cooling methods applied, although radiation heat flux can be
appreciated along the combustion chamber (not along the nozzle). Besides, as
expected, heat transfer reaches a remarkable peak of 9000 kW/m2 near throat
location (chamber length, 296.86 mm).
If we read Figure 42 from right to left, we can see in blue how the coolant (fuel) is
introduced at the cooling channels at 300 K and gains temperature (100 K in
total) at a constant pace as it passes through them to the injector plane.
The pink curve shows how inner-wall temperature remains somewhat constant in
the combustion chamber (about 840 K), reaches a peak of 1012.42 K at the
throat and continuously decreases afterwards. Note that stainless steel 316
maximum service temperature, 1198 K, is never surpassed. Distance between
pink and green curve gives information about the temperature gradient through
the thin wall between combustion gases and the coolant flow. Mind this thin wall
is only 0.8 mm thick (this is introduced in RPA), for it does not need to stand any
structural loads. Note the difference in temperatures reaches 300 K at the throat.
Figure 44 depicts the three different thickness found in the chamber wall. In blue
is the first inner wall between hot combustion gasses and the coolant, which is
only 0.8 mm thick, limited by construction reasons. Orange is for the cooling
channels height, 1.5mm, which is automatically computed by RPA. Lastly, the
outer wall thickness is painted green; this thicker wall is the one standing loads
and hence established 10 mm thick, following an example found in [6].

Figure 44. Channel wall configuration. Modified from [22].
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6.3 Injector Design
The injector of a rocket engine might be compared to the carburetor of an
automobile engine, for it injects the propellants into the combustion chamber at
the right conditions and in the right proportions to yield a stable and efficient
combustion. However, it is actually far more a key element to the function of the
rocket engine than that comparison may suggest. The injector performs many
additional tasks, like the structural function of closing off the combustion chamber
or other cooling- and combustion-related tasks. It is said to be the component
with the greatest impact upon the rocket engine performance.
Depending on the engine application, well-designed injectors can have a c*
efficiency as low as 90%. It is the case, for example, of small engines designed
for attitude control, where response and light weight are prioritized at the expense
of combustion efficiency. When combustion efficiency is optimized, however,
injector systems have proven c* efficiencies very close to 100%. For instance,
SSME (Space Shuttle Main Engine), where reliability was first, had an efficiency
of 99.7%.
But efficiency is not always the most important requirement in an injector design.
In some applications, combustion stability becomes the determining factor, for
high performance comes second when the injector can be easily triggered into
destructive instability. It is especially important to establish which of these two
parameters should be optimized because some of the injector parameters that
optimize performance can reduce combustion stability. It is with this idea of
pursuing combustion stability in mind that values of 15-20% of chamber pressure
are commonly accepted as an appropriate level of injector pressure drop.
The best way to favor a stable operation is to properly select the injectionelement type and to assure capability to damp any oscillatory phenomena that
may appear. Some elements of the propellant-feed systems, like manifolds, can
have frequency characteristics that may couple with chamber acoustic modes. To
counteract this, injectors are usually equipped with physical devices to aid in
damping or to alter frequency response, typically acoustic cavities and baffles.
These devices are not designed in this survey.

6.3.1 Injector Type Selection
The most commonly used types of injection elements are classified in three
classes:
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Nonimpinging: coaxial, showerhead, fan formers or slots and sheets.
Mixing is achieved through turbulence and diffusion.



Unlike-impinging: unlike doublets, unlike triplets, pentads, etc. In these
elements, a fuel stream and an oxidizer stream are directed to each other.



Like-impinging: like doublets, like triplets. Like-fluid streams (fuel-fuel or
oxidizer-oxidizer) are directed to each other.

All of them are described in Figure 45.

Figure 45. Typical injector element types [22].

Unlike-impinging elements are generally the most easily excited to instability,
being like-impinging elements less sensitive and nonimpinging elements the most
stable option. All types of elements are studied and the relevant reasons
considered when selecting the injector type are pointed out below for each type.

Nonimpinging Elements
-

Coaxial: intended for liquid oxidizer and (light) gas fuel, would not work
well with liquid fuel because the velocity relationships necessary would be
difficult to obtain.

-

Showerhead: rarely used for primary injection because of ineffective
atomization and mixing.
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-

Fan formers: not popular among rocket-injector designers for it does not
perform well in rocket engines.
Slots and sheets: have seldom proved successful, because flow from
slots tends to be erratic and sheet flow from liquids does not provide good
dispersal without impingement.

Unlike-Impinging Elements
-

Unlike doublets: at high chamber pressures, evidences indicate that liquid
propellants not normally considered hypergolic, like LOX/kerosene, tend
to exhibit stability problems.

-

Unlike triplets, pentads, etc: probabilities of combustion instability are
even higher than in the case of unlike doublets.

Like-Impinging Elements
-

Like doublets: it is the most common like-impinging element type and
consists of two streams of the same propellant angled together to an
impact point, generating a fan-shaped spay of droplets. No mixing occurs
within this first (like-liquids) fan, but energy dissipated is used to atomize
the liquids. The key factor to a satisfactory like-impinging doublet design
is the proper orientation of the initial fans for secondary impingement and
overlapping of the fuel-fuel and the oxidizer-oxidizer sprays, which will
lead to mixing of the two propellants.
Although these elements provide poorer initial mixing than unlikeimpinging ones do, a well-designed like doublet can offer a high overall
combustion efficiency and, most important, better preserves combustion
stability. This is why like-impinging elements are commonly used for
liquid/liquid propellant systems.

-

Like-impinging triplets: just like happens with like-impinging quadlets,
pentads and other arrangements, they tend to produce narrower spray
fans with larger drops, resulting in no real gain but rather an overall net
loss compared to an equivalent doublet.

It is always important to keep in mind that reliability comes first when designing a
rocket engine, meaning this that innovation is sacrificed. This is standard practice
and especially true in this survey, where the aim is not to design an innovative
concept but to find the most reliable and simple solution (simple in terms of
manufacturing and design costs). Therefore, experience is the most valuable
resource and seriously taken account of.
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As previous considerations on each type of element reflect, selection of the
injection element is most strongly linked to the type of propellants and their
injection conditions. Experience indicates that for a liquid oxygen/liquid hydrogen
combination, a coaxial element should be considered first. When using hypergolic
liquids and rapid response is desired in a small chamber, an unlike-impinging
pattern will be the logical starting point. In the case of a large booster using liquid
oxygen and kerosene, combustion stability becomes a determining factor and a
like-impinging element such as a like-doublet should be the primary candidate.
Past experience shows that the possibility of a better mixing from an unlikeimpinging pattern would be outweighed by the problems derived from sensitivity
to instabilities.
Recommendations from past experience are clear: like doublet was the expected
choice. All types have been studied anyway to reinforce this decision.

 Decision taken: Vera uses a like-doublet injection element type.

6.3.2 Injection Pressure Drop and Orifice Sizing
As it has been stated before, the recommended starting point for the design level
of injection flow resistance is 20% of chamber pressure. Here, for Pc = 70 ba (7
MPa), pressure drop through injector is set to 14 bar:
= 1.4 MPa
This differential pressure across the injector orifices gives the injection velocity to
the streams, which in turn provides the energy for atomization and controlled
mass distribution for mixing. This pressure drop has also the function of isolating
the local propellant flowrates from a combustion disturbance. This is why, despite
a value of 20% of chamber pressure is typically used as starting point, some
special applications like engines with stability sensitivity or those designed for
throttling are likely to require higher differential pressures.
Once injection pressure drop is established, the total injection area required can
be readily calculated as follows:

Where:

= flowrate (lb/s)
= density (lb/ft3)
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= pressure drop (lb/in2)
K = head-loss coefficient
Reasonable values of K would be 1.2 for a radiused-entrance orifice and 1.7 for a
sharp-edged orifice, both considering a typical injector length. This coefficient
includes various losses; for instance, 1.7 is the sum of an entrance-loss
coefficient of 0.5, a running friction loss of 0.2 and an exit loss of 1. In this survey
a value of 1.7 is used for the head-loss coefficient, for a sharp-edged orifice is the
simplest option.
Three different injections are calculated here: oxidizer injection into the
combustion chamber, fuel injection into the combustion chamber and fuel
injection for film cooling purposes. Table 19 shows data used to compute total
injection area for each of these. Note most data are obtained from RPA in SI
units and converted into imperial units to fit the formula.

LOXcombustion
13.843
30.519
1141
71.23
14
203.053
1.7

RP-1combustion
5.03945
11.11
609.08
38.024
14
203.053
1.7

RP-1cooling
0.9441225
2.08145
609.08
38.024
14
203.053
1.7

Ainj (in2)

0.4950

0.2466

0.0462

Ainj (mm2)

319.3420

159.1118

29.8095

(kg/s)
(lb/s)
(kg/m3)
(lb/ft3)
(bar)
(psi)
K

Table 19. Injection-areas calculation. Blue-highlighted figures are used in the formula.

Being dependent on the number of elements in the injector N, orifice diameter is
computed from total injection area as follows:

Theoretically, using as many elements as feasible (thus orifice sizes as small as
can be fabricated) would lead to maximum atomization and mixing efficiencies. In
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reality, in addition to the complexity of manufacturing great numbers of tiny holes,
some aspects related to combustion stability make this decision a bit more
complicated, since fine injection patterns are easier to excite in combustioninstability modes.
However, historical data follow a pattern: large engines, where stability is a more
serious concern, usually have longer combustion chambers and higher stay
times, and therefore do not need very small orifices to give satisfactory
combustion efficiency. In the opposite case, small engines with compact
combustion chambers can use fine injection patterns for they are less likely to
develop stability problems. To sum up, as it has been stated in section 6.1, larger
engines typically use larger injection elements.
Next step is to establish the number of elements N. Knowing that most injector
orifices belong to the range of 0.020 to 0.080 inches in diameter [22], the number
of elements can be estimated iteratively until a suitable diameter is found (note
than 0.02 in is equal to 0.5 mm, which is nearly the limit for normal manufacturing
tools) and a suitable number of elements. Another thing to be considered is that
for injections of LOX and RP-1 intended for combustion (not for cooling) N must
be an even number to allow impingement.
Considering all these, values shown in Table 20 are established.

2

Ainj (in )
Ainj (mm2)
N
dorifice (in)
dorifice (mm)

LOXcombustion
0.4950
319.3420
200
0.0561
1.4258

RP-1combustion
0.2466
159.1118
100
0.0560
1.4233

RP-1cooling
0.0462
29.8095
36
0.0404
1.0268

Table 20. Orifice diameter calculation. Blue-highlighted figures are used in the formula.

Note that 36 orifices dedicated to film cooling distributed along the periphery
means that holes are separated by 10 degrees.

6.3.3 Manifolds Design
Manifolds consist of feed passages within the injector that distribute the
propellant from the injector inlet to all the injection orifices leading to the
combustion chamber. Figure 46 depicts overall injection-system geometry and
operation including manifolding.
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In this case too, pros and cons of a certain manifold design (smaller or larger)
must be weighted up for each particular application. Providing uniform distribution
of mass and mixture ratio (which avoids undesired radial flows that scrub the
combustor inner walls and may burn them) requires greater flow area and
resulting volume, but practical size is limited. Besides, larger manifolds provide
imprecise cutoff, which is crucial in certain applications such as small attitudecontrol or maneuvering rockets, primarily commanded in short pulses. These
cases require highly restrictive manifolding, usually a complex arrangement of
passages that provide satisfactory flow area while minimizing volume.
Once more, previous experience becomes the most useful tool to find the
compromise design. According to [22], a rule of thumb that has worked well in
many design programs gives each manifold run four times the flow area of the
total group of injection orifices fed by it. This means that a linear manifold feeding
a row of injection holes must be tapered, with an area that becomes smaller as
each orifice is fed.
There is an alternative method called the “1% rule” that can be applied without
knowing injection orifice dimensions. Basically, it limits the dynamic component of
the total pressure to 1% of the local system pressure. Whether limiting dynamic
pressure or setting a minimum passage area, both rules aim to guarantee low
velocities, hence low friction losses and therefore low pressure drop.
Since injection orifices have already been established, the first rule (four-to-one
area ratio) is used here. Had it been the case of an engine needing response
more than steady-state performance, like small pulsing engines previously
mentioned, the rule would have been adapted to two-to-one ratio in order to
maintain high short-pulse efficiency, at the expense of pressure loss and injector
flow distribution.
Typical injector used for liquid/liquid propellant consists of a concentric ring plate
with drilled holes on it and a central “LOX dome” or “oxidizer dome”, where LOX
is injected. In the case of this survey, since fuel is used to cool the chamber, the
fuel flow should be ducted into the fuel rings through radial passages, just like in
Figure 46.
 Decision taken: the manifolds design has the overall geometry shown in
Figure 46, with the number of injection holes computed in the previous
section (200 for LOX, 100 for RP-1) and the passages sections following
the four-to-one area-ratio rule.
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Figure 46. Injector flow system [5]

Figure 47. Injector with like-impinging doublet elements, [6].

Figure 47 shows the injector appearance (chamber-side up), where large radial
holes are inlets to fuel manifolds. Due to this complex hole-distribution, a detailed
description on number of orifices per ring and spatial distributions is not
established in this Preliminary Survey but instead left for a Detailed Survey.
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6.4 Ignition Devices
The function of ignition devices is to start release of the chemical energy stored in
propellants. They are used in thrust chambers and also in gas generators, but
since gas generation devices are out of scope for this survey, only thrustchamber igniters are selected here.
Ignition devices’ most important mission is to provide rapid and reliable ignition of
incoming propellants before reactive material accumulates. Otherwise, if
propellants injected into the combustion chamber are not promptly ignited,
dangerous explosive mixtures can be formed. In those circumstances, when
ignition takes place, the amount of hot gas created can exceed the maximum
design pressure of the chamber, possibly leading to catastrophic failure or even
an explosion. This is sometimes called a “hard start” or, in colloquial rocketry
slang, a “rapid unscheduled disassembly” (RUD).
A historical case of hard start was the explosion of Wherner Von
engine on December 21st, 1932 during a demonstration to General
The chamber was filled with alcohol and LOX prior to ignition.
exploded violently, causing fragments to get buried in the walls.
nobody was hurt [36].

Braun’s 1W
Dornberger.
The engine
Fortunately,

6.4.1 Igniter selection
Igniters are devices or assemblies that release heat to make the main propellants
react. Power used by igniters is derived from an outside source or from a limited
amount of internally stored energy.
There are different types of igniters, such as pyrotechnic igniters, hypergolic
igniters, spark plugs (in direct-spark systems, in which sparkplugs are directly
applied to ignite gas-generator or main-generator propellants) or spark-torch
igniters (where plugs are used to ignite propellants in a precombustor or torch
device to prevent potential damage of pressure-spikes).
Spark-ignition systems, albeit reliable, are preferably used in applications
requiring repeat starts without servicing in between. They are thus ruled out.
As stated in Section 4.1, the term “hypergolic” refers to a combination of two
propellants that ignite spontaneously when they meet, like hydrazine-hydrate and
hydrogen peroxide, used in the German V-2 engine. An improved technique for
using the hypergolic effect for the main propellant ignition, allowing multiple starts
and more propellant combinations, employs a hypergolic slug. A small quantity of
fluid, hypergolic with one of the main propellants, is stored in a cylindrical
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cartridge with burst diaphragms at its ends. Typically, a fluid chosen to be
hypergolic with the oxidizer but neutral to the fuel is installed in the fuel system.
Organometallic-hypergol slug injection has been commonly used for ignition of
main propellants in LOX/RP-1 engines with outstanding reliability, for example in
the Atlas, Delta, H-1, F-1 and Thor propulsion systems. The problem is that most,
if not, all, hypergols are toxic. Organometallic liquids are indeed pyrophoric as
well as hypergolic, which means that they ignite spontaneously in air at or below
55ºC and will probably be water-reactive, igniting when they contact water or
humid air [37].
Field processing of hypergols-filled cartridges requires controlled storage and
very careful handling procedures. According to [22], when selecting a slughypergol ignition system, the designer must consider safety requirements and
provide facilities and procedures for producing, testing, packaging, shipping,
handling and installing the igniters. This extra complexity in safety requirements
is contrary to this survey’s stated priority of simplicity in design and
manufacturing.
Pyrotechnic igniters, on the other hand, are the simplest option. They are slowburning pyrotechnic torches designed with solid-propellant technology that
typically incorporate one or more charges. They are commonly equipped with
fusible-link electrical circuits that provide an open circuit once the igniter is
successfully fired. This makes pyrotechnic igniters well-suited for applications
requiring no restarts such as first stages of launch vehicles, like Vera.
According to [22], proper use of redundant igniters, with redundant electrical firing
systems and fusible-link ignition-verification circuits, can give ignition reliability
higher than 0.9999. Pyrotechnic igniters have been successfully used in one or
more ignition systems in the Atlas, Delta, F-1, H-1, J-2, Redstone and Thor
propulsion system. Note some vehicles in this list have been previously said to
use hypergolic igniters; this is because each of the stages making up a launch
vehicle has its own engine and is designed for different applications. Also,
launchers from the same family can include design variations. For example,
pyrotechnic igniters were used in Atlas-E/F, while hypergolic igniters had been
used on the D-series [38].
 Decision taken: Vera uses pyrotechnic igniters.
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Figure 48. Thrust-chamber injector with thrust-chamber igniter.

Figure 48 shows how the injector of Vera might look like, with a pyrotechnic
igniter axially mounted at its center. Note the radial fuel manifold and the axial
LOX dome, where liquid oxygen is fed through.
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7 Results
7.1 Economic Aspects
The total cost of this survey is estimated at 3,541.33 €, most of it corresponding
to the labor cost of 300 man-hour.
A detailed breakdown of this final cost can be found in the Budget (see separate
volume TFG - BUDGET).
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7.2 Safety and Environmental Concerns
It is necessary to be aware of the possible risks and hazards related to rocket
propellants. This includes toxicity, explosiveness and fire or spill danger. Rocket
engines need to be designed for safety, minimizing the probability of leakage,
accidental spills or fires. Most organizations have safety specialists who review
the safety of the whole process (designs, manufacturing, tests, etc.).
Any person transferring or using a propellant should first receive safety training in
the particular propellant, its safe handling and potential damage to equipment or
the environment. He or she must also understand the potential hazards to human
health and the use of safety equipment, have first aid knowledge and know how
to proceed in case of accidental contact with the skin, inhaling or ingestion.
Safety equipment includes protective clothing, face shields, toxic vapors
detectors, warning signals, remote controls and emergency water deluge, also
found in chemistry laboratories. Further safety measures are taken when dealing
with toxic propellants (i.e. hydrazine); in those cases, operators wear “scape”
suits (Self Contained Atmospheric Protective Ensemble). For Vera, none of the
propellants is toxic, although kerosene is flammable and liquid oxygen is at very
low temperature (section 4.2).
Using toxic propellants would of course have a greater impact also on the
environment. Dumping or spilling them may contaminate subterranean aquifers
and surface waters, and air might become polluted by their vapors. Furthermore,
the discharge of toxic exhaust gases to the environment and their later dispersion
by the wind could cause damage to plants and animals, and exposure of the
people in nearby areas. This potential damage increases with the concentration
of the toxic species in the exhaust, the mass flow or thrust level and the duration
of the rocket firing near the launch site. Government authorities regulate and
monitor the type and amount of gaseous and liquid discharges [6].
Using liquid oxygen and kerosene, the composition of the exhaust gases (see
section 6.1) is (by order of mass fraction): carbon dioxide (0.46), monoatomic
hydrogen (0.3) and carbon monoxide (0.24). These chemical species are
pollutant (carbon monoxide the most, then carbon dioxide), but not toxic. CO and
CO2, both present in cars’ exhaust gases too, do present a health hazard if
inhaled in concentrated doses, although this is a relatively small problem
compared to the low levels of allowable inhalation concentration necessary for
health damage in the case of other common rocket engine exhaust gases such
as hydrogen chloride (HCl), nitrogen dioxide (NO2), nitrogen tetroxide (N2O4) or
vapors of nitric acid (HNO3).
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Some precautions can nevertheless be taken, and local weather conditions can
help. Purposely scheduling the launch might take advantage of the wind to
disperse the gases and dilute them into air. This is especially helpful for toxic
exhaust gases.
A different kind of pollution generated by rocket engines is noise pollution. Thrust
and noise go unavoidably hand in hand. Noise is especially important in large
vehicles with large propulsion systems. This is taken account of when designing
the vehicle and the ground-support equipment, particularly electronic
components. Noise can be not only a hazard to personnel in and around vehicles
propelled by rockets, but also a severe annoyance to communities near the
launch site. This issue should not be underrated. Just to give an idea of the
magnitude, Saturn V (space launch vehicle of Apollo program) emitted an
acoustic power of 2·108 W which, converted into electricity, would light up
200,000 homes [6].
To be precise, the acoustic energy emitted depends on exhaust velocity, mass of
gas flow, exhaust gas density and the speed of sound in the medium. This is
why, in general, the higher the thrust level is, the more noise the rocket makes.
Chemical rockets are, in fact, the noisiest of all aircraft and missile propulsion
devices.
In small rockets, the noise level can often be ignored, while for a large rocket, the
sound level generated can reach 200 dBSPL (decibel sound pressure level),
corresponding to a sound power of 107 W [6]. To give some examples, a whisper
is 20 dBSPL, a 2-person conversation is 40-50 dBSPL (for somebody in the
conversation), a group conversation is 60-70 dBSPL and a rock concert is 100110 dBSPL. Discos are obligated by law to warn customers if the level of sound
is 80-90 dBSPL or above for the damage it may cause. 140 dBSPL is the
threshold of pain, and a human exposed to such level of sound would suffer not
only loss of consciousness but also irreparable auditory damage. Trying to
explain how loud 200 dB is seems almost impossible, because there are not even
examples of such noise level.
Noise-induced hearing damage (including cardiovascular risk) is related to the
level of the exposure and to its duration as well, and the launch of a rocket
engine is a short-time event. However, this is not helpful when the noise level is
so extremely high. For such levels, even an instant exposure would cause
serious damage. The good thing is that the sound intensity (highest near the
nozzle exit) diminishes with the square of the distance. Therefore keeping a
safety distance from the rocket, which in turn will start to move away soon after
ignition, makes a huge difference.
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7.3 Planning & Scheduling
7.3.1 Tasks
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5.3.1. Combustion Chamber Layout
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5.4.1. Materials Selection
5.4.2. Cooling Technique Selection
5.4.3. Thermal Simulation with Specialized Software (RPA)
5.5. Injector Design
5.5.1. Injector Type Selection
5.5.2. Injection Pressure Drop and Orifice Sizing
5.5.3. Manifolds Design
5.6. Ignition Devices
5.6.1. Igniters Selection
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6.2. Environmental Impact Study
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8.2. Write the Report
8.3. Write the Budget
8.4. Finishing touches (add all references, unify tables)
8.5. Compile Bibliography
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7.3.2 Gantt Diagram
The legend of the diagram is shown on this page. A general view of the diagram is shown
on the next page. For clarity of view, enlarged images of parts of the diagram are shown
on the following pages.
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7.4 Conclusions
The purpose of this project was to perform the preliminary survey of the rocket
engine of a space launch vehicle’s first stage, guaranteeing to perform well at
stationary state in atmospheric pressure. All of these requirements have been
accomplished. Some of them have been taken as design starting points (payload,
ambient pressure, first stage) and some have been obtained as results
(maximum temperatures below service temperature for a steady state, specific
impulse above 300 s).
The original scope of this survey included seven relevant points, all of which have
been thoroughly developed. Throughout this process, a series of decisions have
had to be taken to reach a final design for Vera engine:
 Chemical propulsion, liquid propellant
 Bipropellant: liquid oxygen and RP-1 at optimum mixture ratio
 Exit pressure = 0.04 MPa
 Bell nozzle
 Thrust chamber construction material: stainless steel 316
 Regenerative cooling (thrust chamber)
 Like doublet injection element type
 Injection pressure drop = 1.4 MPa
 Number of injection orifices: 200 for LOX, 100 for RP-1 and 36 for film
cooling.
 Manifold design: radial fuel and axial LOX dome
 Pyrotechnic igniters
These decisions have been taken in a reasoned but quite independent way and
have defined the rest of the parameters obtained. The final numerical results are
summarized in the following tables.
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Propellants
Propellants (O/F)

LOX/RP-1

Mixture Ratio

2.7339

Oxidizer Mass Flow Rate

13.7889 kg/s

Fuel Mass Flow Rate

5.0436 kg/s

Total Mass Flow Rate

18.8325 kg/s

Figure 49 Propellant data.

Figure 50 Thrust-chamber geometry legend.

Thrust Chamber Geometry
Characteristic Length (L*)

1016.00 mm

Chamber Diameter (Dc)

156.16 mm

Chamber Length (Lc)

296.86 mm

Cylindrical Length (Lcyl)

182.35 mm

Chamber Contraction Angle (b)

30 º

Contraction Ratio

4

R1

58.56 mm

Throat Diameter (Dt)

78.08 mm

Nozzle Length (Ln)

428.80 mm

Nozzle Exit Diameter (De)

360.17 mm

Rn

14.91 mm

Initial Parabola Angle (Tn)

25 º

Final Parabola Angle (Te)

14.02º

Expansion Area Ratio

21.28

Total Thrust-Chamber Length (Ltc = Lc+Ln)

725.66 mm

Figure 51 Thrust chamber geometry data.
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Figure 52 Regenerative cooling channels legend.

Thrust Chamber Cooling
Cooling technique # 1: Film
Coolant

RP-1

Relative mass flowrate

0.05

Absolute mass flowrate

0.944 kg/s

Tcool at injector plane

404.96 K

Pcool at injector plane

9.06 MPa

Cooling technique # 2: Regenerative
Length

whole Ltc: 725.66 mm

Coolant

RP-1

Relative mass flowrate

0.317

Absolute mass flowrate

5.986 kg/s

Tcool at cooling channels inlet

300 K

Pcool at cooling channels inlet

9.8 MPa

Tcool at cooling channels exit

404.96 K

Pcool at cooling channels exit

90.6 bar

Rib height (hc)

1.5 mm

Width channel at injector plane (a1)

3.956 mm

Width channel at throat (amin)

1.503 mm

Width channel at nozzle exit (a2)

10.359 mm

Rib width (b)

1 mm

Figure 53 Thrust chamber cooling data.
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2

Ainj (mm )
N
dorifice (mm)

LOXcombustion
319.3420
200
1.4258

Injector
RP-1combustion
159.1118
100
1.4233

RP-1cooling
29.8095
36
1.0268

Figure 54 Injector data.

Performance
Chamber Pressure (Pc )

7 MPa

Thrust (F), SL

51012 N

Thrust (F), vacuum

61323 N

Thrust Coefficient (CF), SL

1.5361

Thrust Coefficient (CF), vacuum

1.8526

Characteristic Velocity (c*)

1757.68 m/s

Is (w/o cooling), vacuum

332.04 s

Is (with cooling), vacuum

316.23 s

Figure 55 Final performance parameters.
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